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NATIO?KLADVISOF+YCOB!MITTEEFQR AF;RONAXJTICS 

!lNRBOJET PROF'KIXION-SYSTEM RESEARCH ABD THE RESULTIN 

EFFBX'S ON AItEU?NW PERFORMANCE 

By Addison M. Sol&rock 

For a period of ten to fifteen years intensive research and develop- 
ment has been conducted on turbojet propulsion systems for aircraft. 
Dur-ing this period much has been learned about the systems both from the 
standpoFnt of current usage and of future development possibilities. It 
is the purpose of this report to discuss the current status of the turbo- 
jet engine as produced in the onited States and to discuss the future 
possibilities for improvement in the engine and in the fuel. The engine 
and fuel improvements will be evaluated both from the standpoint of proba- 
bility of success in obtaining these fmprovements and from the standpoint 
of the effects of these improvements on the airplane performance. 

In considering the resulting advances Ln airplane performance, a 
further comparison will be made of the extent to which improvement in 
factors of the &plane not in the purview of the propulsion system de- 
sLgner will result in equal or better improvements in aircraft perform- 
ance. It will be preferable before examining the advances that can be 
made In the propulsion system to determine these relatT.ve effects. 

There are seven major propulsive-system factors that sffect airplane 
performance. These are: (1) heat of combustion of the fuel, (2) density 
of the fuel, (3) efficiency of the engine, (4) specific weight of the 
engine, (5) specjfic mea (square feet of frontal area per pound of 
thrust) of the engine, (6) stress limitation of the engtie in term of 
maximum permissible pressure loading of engine parts, and (7) m~bximum 
ambient temperature at which the engine can operate satisfactorily. For 
the range of airplane performance covered Is this report and for the fuels 
considered, fuel-density (which determines the volume occupied by a given 
fuel weight) effects are of secondary importance and will not be consid- 
ered. The effect of engine specific area on airplane performance is de- 
pendent on the installation of the engine in the airplane and of itself 
may or may not affect the afrplane performance. Since this effect is 
dependent on the particular airplane design, it will not be consLdered 
U-relating the eng rformance. 
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Three mador aIrplane factors that do not come under the purview of 
the propulsion-system designer will be considered. These are: (1) lift- 
drag ratio of the airplane, (2) percentage of gross airplane weight that 
is.miUtary load (defined herein as weight of the pilot, the armor, the 
armament, and the guidance system), and (3) percentage of gross airplane 
weight that is airframe (defined herein as gross weight of the airplane 
less military load, installed engine or power plant weight, and fuel 
weight). 

The 10 airplane and propulsion-system factors considered together 
with the symbols used sre: 

L/D 

Wf/wg 
wm/w@; 
Waf/Wg 
WeFg 
h 

ww3 /F 

4BX 

lift-drag ratio of the airplane (considered herein as the L/D 
ratio of the trimmed airplane in level flight at the altitude 
and speed under consideration) 

ratio of fuel load to gross weight 

ratio of military Load to gross weight 

ratio of airframe weight to gross weight 

ratio of installed power plant weight to gross weight 

heat of combustion of the fuel 

over-all efficiency of the engine, that is, the ratio of work 
done on the airplane (thrust time distance flown) to thermal 
energy of the fuel consumed in flying the distance 

specific engine weight, which is the ratio of engine weight to 
thrust produced 

maximum permissible engine pressure loading (such as hoop 
stress) 

maximum permissible stagnation (total) temperature 

For a specific airplane, certain of these variables remain constant 
regardless of tirplane mission: heat of combustion of the fuel h, 
weight of the airframe Waf, weight of the installed power plant or en- 
gine We or Weng maximum permissible engine pressure loading APms,, 
and maximum permissible stagnation temperature h. For a particular 
mission, military load can be considered constant over considerable por- 
tions of the flight. The remaining factors vary during a flight. Fuel 
weight Wf and gross weight Wg decrease continuously a8 fuel ie con- 
sumed. Engine eff and airplane drag D 
vary during the fl Each of these three 
parameters is at any eous values of 
airplane speed, altit nge of altitude. 

. 

. 

T 
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Since airplane drag, that is thrust required, varies with the flight 
condition, L/D also varies with the flight condition. If the ajrplane 
is flying in level flight at a constant speed, the lift is equal to the 
airplane weight, or L/D = Wg/Frequked. E the a-lane is climbing or 
accelerating, the thrust required is increased by the amount required to 
produce the rate of climb or the acceleration. 

Specific engine weight at any flight condition is considered to be 
engine weight (a constant) divided by the thrust produced at that flight 
condition; consequently specific engine weight varies Inversely as the 
thrust. When the thrust produced is the full-throttle thrust of the en- 
gine, specific engine weight Is a minimum for the airplane speed and al- 
titude under consideration. Sn this analysis, this minjmrrm specific 
engine weight is generally the value of interest. Cbviously, once a 
specific airplane is considered, thrust available and the thrust required 
(equal to airplane drag plus the thrust required for acceleration or 
climb) are the factors of interest rather than specific engine weight or 
airplane lift-drag ratio. Since the purpose of,this discussion is to 
interrelate the basic engine and airframe characteristics to generalfzed 
airplane performance, and not to consider the performance of specific 
airplanea, the relationships of the variables listed must be examined. 

The effects on over-all airplane performance of the factors listed 
will be analyzed by examining their effects on airplane gross weight, 
range, altitude, and speed. In addition, the relation of engine size to 
airplane gross weight will be discussed. Although the examples given sre 
for a turbojet-powered aFrcraft, the method of analysis is equally appli- 
cable to airplanes powered with any type of air-breathing engtie. 

After this analysis, turbojet engines currently being manufactured 
in the United States are examin& with respect to values of ve, We&F 
and AP,,. Fuels are examined in relation to h and also, because the 
fuel determines combustion temperature obtainable (and thereby affects 
thrust) in relation to Weng/F. The relation of stagnation temperature to 
engine development, tith psrticulsr reference to lubrkation, is discussed. 

Except as affected by reserves of stored fuel, the total number of 
miles that can be flown per dsy with turbojet engines is a function of 
the production rate of turbojet fuel. The rate at which engines can be 
produced is dependent on the availability of the materials from which 
the engines are made. These two factors, availability of fuel and engfne 
production ltiits as a function of material availability, are discussed. 
Engine reliability is not discussed in any detail in this analysis. 

Preparation of this report required much specific engine data from 
the aircraft engine manufacturers. These data were supplied by the 
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aircraft engine industry at the request of the Department of Defense. 
This cooperation on the psrt of industry and of the Department is 
appreciated. 

iIetermination of the effects of the various independent vsriablee 
required much analytical work beyond that included in this report. The 8e 
snalyses were made by staff metiers of the RACA Lees laboratory and of 
the NACA Headquarters Off‘lce. Particular credit is due Richard S. Cessro 
of the NACA Readquarters staff and E. ClInton Wilcox of the Lewis la&ra- - 
tory staff for their assistance. 

RELAT3vEEZFECTSC.@ AIRPMEEANDENGINEFACTORS 

Effects on Range- 

The heat of combustion of a fuel is generally expressed as so many 
thermal units per pound (appr0xFmatel-y LB,500 Btu per pound for hydro- 
ca;rbon turbojet fuels). For the current analysis, this va$ue is better 
expressed as the nWer of miles for which dne pound of thrust is produced 
byburningonepoundaffuel. !Chu, if all the chemical. energy in one 
pound of a typical JP-4 turbodet fuel were converted into thrust, it 
would produce one pound of thrust for approximately 2400 nautical miles. 

Because an engine does not have an efficiency of 100 percent, the 
distance over which this pound of thrust is available is considersbly 
less than the ideal value. For the operating conditions considered in 
this report, turbojet engine over-all efficiency ranges between 10 and 40 
percent. Therefore, as used in the engines considered, one pound of JP-4 
fuel produces one pound of thrust far a distance between 240 and 1000 
nautical miles. If a fuel having a higher heat of combustion is used, 
these thrust-mile values increase proportionally. For current Jet fuel, 
the relationship between engtie efficiency qe and specific fuel con- 
sumption efc is 'le = (airplane speed in knots)/(24OOxsfc) where 0fC 
is in terms of pounds of fuel per-hour per pound of thrust, or 
qe P O.l36(sfc where sfc is in terms of pounds of fuel per hour per 
horsepower. 

As stated, the value of Lqe de-t-es the airpLane flight distance 
over which one pound of fuel till produce one pount of thruet. The number 
of pounds of airplane weight that this one pound of thrust will support 
in the air (W$F) i a equal to the lift-drag ratio L/D of the &rplane 
at the flight ccPldition considered. The lift-drag ratio may be considered 
as an "efficiency" of the airframe in that its reciprocal. D/L expresses 
the amount of work that must be done per pound of airplane in flying the 
airplane a given distance. For a given the work done in flying 
the airplane a giv 

L/D, 
d at which the 

flight is made. 

. 

e- 

t.. 
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The airplane weight to be supported c-rises the weights of air- 
frame Waf, mflitary load Wm, power plant We, and fuel Wf. The sum of 
these weights is the gross weight W 

9 
of the a-lane. If the valueof 

h?le, is multiplied by the airplane ft-drag ratio (L/D) and by that por- 
tion of the pounds of airplane that is fuel, (Wf/W,), as approximate 
value for the range R is obtained: 

in the equation L/D is consid~ed constant. The subscript o indicates 
the values at the start of the portion of the flight under consideration. 

Equation (1) is an approximation in that it does not consider the 
weight reduction that occurs during the flQht as fuel fs cons-d and 
the consequent reduction in thrust requfremeit. This effect is accounted 
for in the classical Breguet range equation. For a fuel load of 10 per- 
cent of the gross weight, the range given by equation (1) is in error by 
4 percent with respect to that given by the Breguet equation. As fuel 
load increases, this error increases rapidly. 

The Breguet equation, with h, qe, and L/D assumed to be con&&, 
states that: 

wfo 
L 

R = hQ 5 
s 

dW -w 
W (2) 

wgO 

All the terms in equation (3) ere in equation (l), but equation (3) 
provides the correction necessary to account for the effect on range of 
the contdmally decreasing fuel load. 

To estFmate the ranges that are feasible with current military afr- 
craft, equation (3) is evaluated using appropriate values for the differ- 
ent variables. 'lho cruise speeds, Ma P 0.9 'and Ma = 2.0, will be con- 
sidered. It will be assumed that the engine afterburner Fs not reqtired 
at the lower speed, but is at the higher speed. Over-all engine effi- 
ciency, as will be expltined later, is about the same under these two 
conditions; a value of 0.22 fs representative of current practice. For 
a bomber designed to cruise at Ma = 0.9 
cqabilities, an L/D 

that does mt have supersonic 
design values. 



6 NACA RM 54H23 
I .L 

For a bomber designed to cruise at Ma = 2.0, an L/D value of 5 is 
assumed. For the fighter, the corresponding lift-drag ratios are assumed 
to be about 60 percent of these values. The value of h, as previously 
stated, is 2400 nautical mile-pounds of work per pound of fuel. With 
these data, the radius of action (l/2 R) is computed from equation (3) 
for different values of‘ Wf/W%, figure 1. For a long-range bomber, the 
fuel weight available for cruise is about 0.50 of the airplane gross 
weight. At Ma P 0.9 (L/D Of 20), the radius of action of such an air- 
plane is, therefore, without flight refueling, about 3500 nautical miles. 
At a flight speed Ma = 2.0 (L/D of 5), the range is 750 to 900 nautical 
miles. If the cruise portion of the flight is at Ma = 0.9, and there is 
a Mar 2.0 supersonLc dash over the target, the required design compro- 
mises will result in lower lift drag ratios in the subsonic speed range 
than that used in preparing figure 1. 

7 

0 
3 

Wfth current interceptors, the fuel available for cruise is about 
0.15 of the gross weight. The conibination of this lower percentage of 
fuel and the lower Iif%-drag ratios of the fighter results in cruise radii 
of about one-seventh the values estfmated for the long-range subsonic 
bomber. 

The design of a militsxy airplane is a compromise between the some- 
what counter objectives of low gross weight (considering both the pounds 
of airplane and of fuel) and hFgh aircraft performance. The way in which 
the compromise is made determines the manner in which gross weight is 
divided Into airframe, military load, power plant, and fuel. For this 
reason, equation (3) will be modvied to express the individual effects 
of airframe weight, military load, and specific engine weight on airplane 
range. 

Equation (3) ia rewritten by substituting for Wfo the equivalent 
value W go - (Wa + Wm + We) and dividing numerator and denominator by 

w&c Equation (3) then becomes: 

For the airplane in level flight at a constant speed: 

we we/Fo ,.WdF, 

wgO 
-*WgO/FO='L/D~ - . 

Substitut- in equation (4), the range is expressed as: 

(4) 

. 

. 
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R = h'l 

7 

(5) 
6 . 

Equation (5) shows the manner in which the major factors previously 
presented effect sLrpl.ene renge, h, qe, and L/D bei% considered con- 
stant during the flight phase considered. For those cases in which vari- 
ations in WeJwB axe not being considered, equation (4) is preferred to 

0 

equation (5). 

In table I, current military aircraft are descrtbed according to the 
weight distrfbutions made by sircraft designers. Representative values 
sre listed for a bomber end for a fighter. There sre deviations from 
these typical figures, but the deviations are not large enough to affect 
the conclusions drawn from this discussion. The installedpower plant 
includes those parts which although not supplied by the engine manufac- 
turer sre attached directly to the engine and are required by the engine. 
This weight is about 25 percent greater than the weight of the engine as 
supplied by the engine manufacturer. Consequently, weight of the engine 
proper is 10 percent of the gross weight for the bomber snd 20 percent 
for the fighter. In this discussion, weight of the installed power plant 
will be designated We end weight of the engine as supplied by the engine 
manufacturer We*. In this snalysi~ it is assumed that any change in 

. Weng is acconrpanied by a proportional change in We- 

TABLE I. -~~AT~EAIRFLAREWEZGRTDI -ON AT TAKEi-oFF 
* 

. -< 

*With or without afterburner. 
*With afterburner. 

The engine group is a higher percentage of gross weight for the 
fighter than for the bomber largely because L/D is lower for the fighter. 

r 

In figure 2 is shown the effect on airplane range, as determined from 
equation (4), of changing the proportions of military load and fuel cam- 
prising the weight allotted to militery load plus fuel. The assumption is 
made that all the fuel is availsble for cruise. 'This assumption does not 
modify the general conclusion to be drawn. The weight of military load 
plus fuel selected for these cpr-ves is 57.5 percent of the gross weight 

. for the bomber and 37.5 percent for the fighter. The curves apply to both 
, a constant gross weight with varying military load or a constant military 

load with varying 

. 
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The military load (as defined herein). ~~s~.u_su&.y between I500 and 
2000 pounds for client 'fighters and about ten times these values for - 
long range bombers. For constant military load, (fig. 2) if the percent- 
age of gross weight allotted to fuel is to be increased-for mea-&x% range, 
the ratio Wm/Wgo must be decreased by increasm Wgo, the gross weight 
of the airplane. In figure 3, curves sre plotted that show this effect. 
A constant miUtary load of 2000 pounds for the fighter and 20,000 pounds 
for the bomber is assumed. The curves show that for either bomber or 
fighter a ratio of military load to gross weight of about 7.5 percent 
represents a reasonable balance between thcobjectives of long range and 
low gross weight. The curve shows the manner in which the gross weight 4 
of the airplane is in general determined by the military load. Certain 
conditions such as aircraft carrier size may impose a limitation on &r- 
plane gross weight that is independent of military load considerations. 
In other cases, the range required may be so low that the ratio of mili- 
tary load to gross weight can be considerably higher than the 7.5 percent 
figure. 

Equations (4) and (5) are now examined (figs. 4 and 5) to determine 
the effects on range of increasing fuel he& of combustion, engine effi- 
ciency, or airplane lift-drag ratio, or of decreasing the percentage of 
gross weight allotted to s&rYrsme or to power plant. In this comparison, 
no estimate is made of the practicability of achieving the improvements 
discussed. An increase in h or in qe increases the distance over 
which a pound of fuel will produce the necessary thrust. An increase in 
L/D decreases the thrust requirement and thereby the rate at which fuel 
is consumed. A decrease in specific x&frame or engine weight allows a 
greater percentage of gross weight to be allotted to fuel. 

The equations show that an increase in either h or qe increases 
range in direct proportion. 

To estimate the effect of change in L/D, two caaea are considered. 
In the first case, it is assumed that as L/D is increased, thereby 
reducing the thrust requirement, the percentage of gross weight allotted 
to the power plant is proportionally decreased (that is, for a constant 
value of WJF, the ratio of thrust available to the thrust required at 
any flight conditionremains unchanged) and this weight increment can be 
added to fuel weight. As an example, if L/D for the fighter is increased 
30 percent, the ratio of power plant weight We to gross weight Wg is 
decreased by 0.250 0.250 - -0 0.058. 1.30 This 5.8 percent of the gross weight 
may then be added to the fuel weight, which would thereby be increased to 
35.8 percent of the gross weight. Such an increase in fuel weight 
would of itself increase range 24 percent, if airplane L/D remained 
constant (eq. (3)). The total range ticcease for the 30-percent in- 
crease in L/D is therefore (1.30x1.24 = 1.61) 61percen-t. F 
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c 
In the second case, it is assumed that weight distribution of the 

airplane is unchanged, and equation (4) qplies. An increase in L/D is 
therefore accompanied by a directly proportional increase in range. If 
the value of We/F is unchanged, an increase in the ratio of thrust 
available to thrust required also results, and the attainable altitude 
snd speed are increased. The extent of these increases will be discussed 
later. 

It is assumed that weight saved by decreasing the ratio of airframe 
weight to gross weight Wsf/Wgo is allotted to fuel weight. That is, 
for the bomber, If airframe weight is decreased 20 percent (W&Wgo de- 
creased from Cl.30 to 0.24), fuel weight is Increased 12 percent (W /W 
increased from 0.50 to 0.56). *go 

The acconrpanylng increase in range is 
determined from equation (3). 

The effects of a decrease in specific engine weight are considered 
tith the assumption that ratio of installed power plant weight to gross 
weight is decreased in proportion to any decrease in W,&; that is, the 
thrust available for sny flight condition is not sffected by the reduction 
in specific engine weight. The saving in power plant weight is used to 
increase fuel weight with sn accompanying increase in range, as shown in 
the We/F curves of figures 4 and 5. 

For either the bomber or the fighter, an increase in L/D accoqa- 
nied by a proportional decrease in We/W Q. increases range mre than a 
change in sny other psrameter being considered. For the fighter, a de- 
crease in Wsf/We is almost as effective. For the bomber, a decrease 
in k/Wgo is less effective because Waf ie a lesser part of the 
total. Since the engine of a bomber is a small part of total airplane 
weI.ght, specific engine weight has much the least effect on bomber range. 
With the fighter, the effect of a decrease in We/F, is shout equivalent 
to that of an increase In h or in qe. 

For either sUplane, cumulative range extensions result from slmul- 
taneous improvement of mre than one of the variables. Again, ft is men- 
tioned that &though the results qproximate the range benefits that can 
accrue from improvements in the five variables considered, the results 
in no way imply the extent to which these improvements can be obttined, 
nor do the results Imply whethe or not it is advisable to use the im- 
provement in any one factor to -rove range, rather than speed or 
altitude. 

. 

For the curves presented in figures 4 and 5, it has been aseumed 
that the airplane flies-at constant values of engine efficiency, specific 
weight, snd drplane L/D. An actual flight, particularly that of the 
fighter, covers a wide range of speeds snd altitudes with corresponding 
variations in qer We 
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One of several possible fighter or interceptor flight plans is 
shown in figure 6, together with a representative breakdown of the fuel 
load allotted for each phase of the flight. If the effects of any of the 
improvements shown in figure 5 are concentrated into one phase of the 
flight, the phase increase can be greater than the over-all values shown 
in figure 5. For instance, a 10 percent improvement in engine efficiency 
during the whole flight would mean a 10 percent saving in fuel. If all 
of this 10 percent saving in fuel is applied to the cruise phases, a 23- 
percent improvement in cruise range ( 5 xl00 results. J If it is applied 
entirely to the combat phase, a 75 percent mrovement (i x100) in combat 
time results. A decrease in the installed power plant weight from 25 to 
20 percent of the fighter gross weight would, if this weight saving were 
used to increase fuel load, permit combat fuel to be increased from 4 per- 
cent of the gross weight to 9 percent, which would more than double combat 
time. In over-all planning of research programs, it is questionable if 
analysis of the effects of engine variables on airplane performan ce should 
be carried much beyond the present type of treatment. 

Specific estimates can be made of the range expected with current 
airframes and propulsion systems and of the range extension that might 
result from a combination of improvements in airframe and engine perform- 
ance. An example of such estimation is presented in figure 7. In this 
case, a long-range interceptor is considered with a weight distribution 
between those listed in table I for the bomber and for the fighter. The 
fuel allotted for each of the twocruise phases is 17 percent of the- gross 
weight at the start of the phase. The fuel is assumed to be JP-4. In 
the figure, curves for constant engine efficiency, based on conventional 
engine operating conditions, are first plotted to show radius in miles 
(that is cruise out or cruise back) as a function of airplane lift-drag 
ratio. Since Wfo/Wgo is constant, these curves (see eqs. (3) or (5)) 
are straight lines. Three sirplane cruiseMachnumber6 are assumed: 
0.9, 1.5, and 2.0. It is further assumed that the respective airplane 
L/D's at these Mach number6 are 15, 6, and 3 and the respective engine 
efficiencies, with the afterburner operating, sre 12 percent, 18 percent, 
and 23 percent. For Ma = 0.9, engine efficiency is assumed to be 22 
percent if the afterburner is not operating. These specific L/D engine 
efficiency points are plotted and designated by the corresponding airplane 
Mach numbers. The several radii of action for the interceptor operating 
with afterburner at different Mach numbers are thus determined, and a 
curve connecting the points represents the airplane radius of action en- 
velope. This curve is marked "current." The single point for the non- 
afterburner engine at an airplane speed of Ma = 0.9 is also plotted. 
An improvement in engine efficiency of 50 percent (essentially, a 50 
percent improvement in the product hTe) at all Mach numbers and of 50 
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percent in L/D at speed6 at or above Ma = 1.5 is next assumed. At 
% = 0.9, the L/D is asszrmed to be 18 instead of 15. Anew envelope 
curve, labeled *'advanced," is drawn through these points. WhKLe no 
particular brief is held for the values shown, the curve marked "current" 
is reasonably representative of cment practice, and the curve marked 
"advanced" is reasonably representative of future practice for which the 
necessary development information is being acquired. For a one-third 
increase or a one-third decrease in the cruise fuel percentages chosen 
(that is for a total fuel load between about 35 and 55 percent of the 
gross weight at take-off), the radii of action shown can be considered 
to vsry directly with the fuel load available for cruise. 

A discussion of the effect that fuel heat of combustion has on range 
should include nuclear-powered propulsion systema. For Such 8yst~6, 
the number of miles hqe for which each pound of fuel burned will deliver 
one pound of thrust is many times the vsJ.ue of 240 to 1000 nautical miles 
given for current turtijet propulsion systems snd fuels. In fact, the 
hqe value is sufficiently high that the weight af fuel is negligible; 
if a nuclear-powered airplane will fly at all, its range till be adequate. 
The efficiency of such an engLne is important, however, from considera- 
tion of the thrust produced per pound of air consumed per unit of time. 
(It is assumed that heat producedby nuclear energy is being applied to 
an otherwise approldmstely conventional turbojet engine.) 

The primary factor that till determine the success of a nuclear air- 
craft is, therefore, specffic engine weight. The relationship of interest 
in regard to the application of nuclear energy is: 

inwhich F, is the thrust available at the flight conaftion. Equation 
(6) states simply that for horizontal flight at constant velocity, thrust 
avtilable must be equal to or greater than airplsne drag (thrust required). 
The ratio of power plant weight plus fuel weight to airplane gross weight 
we + wf 

"&l 
can probably be about the same for the nuclesr power plant as 

for the chemically fueled aircraft. In this comparison, We + Wf for the 
nuclear power plant does not include the weight of fuel for a chemically 
powered supersonic dash if such is to be enqlloyed. Using a value of 0.65 
as representative of the maximum permissible value for the ratio 
we + wf 

w@;o 
, permissible specific power plant weight for the nuclear powered 

airplane becomes: 

(7) 
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Equation (7) represents, then, the approximate relationship that must be 
SatiSfied. Because values of L/D for speeds in excess of Mar 1.5 are 
less than approxttely l/3 those for subsonic speeds, it will be dif'fi- 
cult to satisfy requirements of supersonic nuclear-powered flight. The 
difficulties are partially offset by the fact that, considering current 
turbine-Inlet temperatures, at Ma = 1.5 and Ma = 2.0 specific engine 
weights are, respectively, 0.7 and 0.5 as much as the specific weight at 
M&.= 0.9. 

t 

Effects on Ratio of Militsry Load to Gross Weight 

For those conditions under which airplane gross weight is limited, 
means are desired that till permit military load to be increased without 
Increasing gross weight or decreastig range. For those conditions in 
which range is of secondary importance, it may be desirable to decrease 
gross weight for a given mflitary load. In either-case it is desired to 
increase Wd~& without decreasing range. Equations (4) or (5) will 
therefore be exsmined for the condition of constant range to determine 
the extent to which Wm/Wgo csn be increased by varying each of the 
other five variables. 

Figure 8 shows the results for a banber and figure 9 for a fighter. 
For these curves each of the major variables fs vsried in turn in equa- 
tions (4) or (5) with an accolnpany%ng variation in Wm/Wgo so that the 
range remains constant. The abSCiSSa6 Of the curves are, as in ffgures 4 
and 5, an increase in h, qe, or L/D or a decrease in Wa/Wgo or 

weho l 
The ordinate is either Wm/W (which can be considered as a 

variation in Wm for constant Wgo)%r gross weight as indicated. Since 
there is some limit to how high the ratio %u/~& can go, for a given 
miU.tsry load or for a given gross weight, the curves are not extended 
beyond Wm/Wgo of 0.150, that is a gross weight of 50 percent of the 
original weight nor is consideration given to the extent to which it is 
practical to approach this 50 percent figure. Increase in h or qe 
increases miles flown per pound of fuel burned, and therefore less fuel 
need be carried. The resulting numerical decrease permitted in Wfo/Wgo 

may then be added dtiectly to Wm/Wgo. Actually, referring to equation 

C4)t lo& w is decreased to compensate for the increase in 
-+m+e a 

w1 w 

Wgo Ugo Wgo 
h or Q,, and this decrease is achieved through increasFng Wm/Wgo- 

To determine the effect of change in L/D, the ssme limiting assump- 
tions as were discussed for figures 4 and 5 were used. An inCreaSe in 
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L/D permits a corresponding decrease in the logarithm in equation (4) 
with a consequent increase in Wm/Wgo; and, for the case in which 
we L - - - = constant and specific engine weight is constant, there is a 
wgo D 
numerical decrease in We/W go, which is also addedto WdWgo. 

To deter- the effects of changes in Wsf/Wgo and. in (We/Fo)/(L/D) 
(assuming constant L/D) the amount either factor is decreased is added 
dkectly to Wm/Wgo so that the sum of the tm remains constant. For 
example, a 25 percent decrease (from 0.300 to 0.225) in Waf/Wgo for the 
bomber increases Wm/W 

go 
from 0.075 to 0.150 (a 100 percent increase). 

For the banber or the fighter, to me;lntain constant range for con- 
stant military load and decreasing gross weight, an increase in L/D is 
again the most effective change because the two-fold advantage of an in- 
crease in L/D iS realbX%d. A decrease ti specific engine weight is 
much the least effective mesns. For the fighter, a decrease in engine 
weight is of course much more effective than for the bomber, and here sn 
increase in h or qe is lea6-t effective. As infigures and5, if an 
increase in L/D is accompanied by no change in the value of We/Wgo, 
the effect of the change in L/D is the ssme as that of a change In h 
or in qe. 

Comparison of figures 8 and 9 with figure 3 showa that deCrea6ing 
gross weight of the bomber or fighter by 50 percent or increasing military 
load 100 percent (increasing Wm/Wgo from 0.075 to 0.150) decreases the 
range potential by 25 or 30 percent, respectively, from what it would have 
been had Wm/Wgo been maintdned at the 7.5 percent value. For this 
reason, this procedure is not used except in those cases where airplane 
range must be sacrificed to reduce gross weight or where rsnge is second- 
ary to weight of miiitary load csrried. 

Effects on Airplane Altitude and Speed 

Maximum permissible airplsne altitude (airplane ceUng*) 6nd speed 
(considering the trimmed s&plane in level flight) sre determIned by five 
factors: (1) Uft-drag ratio of the trimmed airplane a6 a function of 
altitude and Mach number, (2) specific engine weight as a function of 
altitude and Mach number, (3) the ratio of engine weight to gross weight, 
(4) permissible engine pressure loading, and (5) maximum permissible alibi- 
ent' stagnation (totsl) temperature. These values determine a limit- 
&ch number-altitude envelope for the airplane. 

l 

*&plane ceil- is defined a6 that altitude at which maximum avail- 
able engine thrust e@@+$&a&X $he tr+ed aQ.ly# level flight, at 
the flight speed under considerazion. -'.- - 
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Engine Specific Weight, Airplane L/D Ratio, and 

Ratio of Engine Weight to Gross Weight 

The interrelation of the first four factors can be expreesed by the 
relationship: 

, 

in which Fav is the thrust available under the flight condition and Wg 
is the gross weight of the airplane at the instant under consideration, 
and in which the 
It is noted that 

subscript TO signifies the take-off weight or thrust. 
the specific weight of the engine at altitude and flight 
FTO - -. F av 

speed is weng 
5' 

As has been mentioned previously, with current combat military afr- 

craft, the value 

for a bomber and 
altitudes are to 

of &+;J; is approximately constant (about 0.65 

0.55 f&r a f&ter). Under this condition if higher 
be obtained without decreasing range, the thrust available' 

must be increased tithout increasing the ratio Weng/Wg,m. Therefore, 1 
either the specific weight of the engine at altitude and flight speed must 
be decreased or the Lift-drag ratio of the airplane must be increased. A 
decrease in either of the two ratios which determifie specific engine > 
weight at the flight condition is of interest. The possibility of such 
decreases will be discussed in the section on improvements in engine 
performance. 

The Interrelation of the factors in equation (8) can also be ex- 
pressed in a revision of equation (6): 

W 
.A?+1 

wg 
@a> 

The maximum permissible altitude, or airplane ceiling, atanyconstant 
flight speed is that altitude for whfch the left member of the equation 
equals 1. It becomes necessary, therefore, to examine the effects of 
ah-plane speed and altitude on airplane lift-drag ratio and on engine 
specific weight. 
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Ih figure 10, representative values of airplane lift-drag ratios as 
realized or as estina;ted. by the manufacturers (August 1953) are shown for 
current supersonic interceptors or fighters. The band shown covers the 
lift-drag ratios for the F-100, F-101, F-102, F-104, F-105, F-9F-9, and 
XF8U-1. In each case, the L/D of the trinsned airplane in level flight 
was used.. The airplane weights are from 15,ooO to 44,000 pounds and the 
altitudes considered from 35,000 to 55,00=0 feet. In general, the high 
limit of L/D shown represents the higher altitude for these airplanes 
and the lower limit the lower altitude. Similar data are not available 
for bomber aircraft, but as mentioned previously, an L/D of 1.5 to 2.0 
times the values given for the fighter will provide reasonably accurate 
estimates for analyses such as presented herein. Possible improvements 
in L/D will not be discussed in this report other than that previously 
considered. in connection with figure 7. 

Figure ll shows the effect of altitude and airplane Mach number on 
specific engine weight. (The L/D curve shown will be discussed later.) 
The external drag of the inlet diffuser is not considered in estimating 
these specific weights since it has been included in the drag (D) of the 
airplane. The specific engine weights indicated are for an afterburner 
engine with the afterburner operating at a temperature of 3040° F. !Che 
values are representative of current practice. The specific weight of an 
engine is normally given as the specific weight at sea-level static con- 
ditions with the afterburner inoperative (military rated thrust). For 
the engine assumed, this value is 0.460 pound per pound of thrust. The 
take-off specific weight of the engine is (since use of the afterburner 
increases thrust at take-off 50 percent) 0.310 pound per pound of thrust. 
The sea-level static specific weight of the corresponding nonafterburner 
engine is 0.368* pound per pound of thrust. As previously noted, these 
values are 80 percent of the weight included in the installed power plant 
of table I. The curves of figure XL show the degree to which specific 
engine weight decreases with airplane speed and increases with airplane 
altitude. These specific weights at flight conditions are those used in 
determining airplane altitude and speed limits. 

For a fighter, the assumption is now made that engine weight is, as 
indicated in table I, 20 percent of the take-off gross weight (that is, 
installed power plant, 25 percent). From figure 6,. because of the fuel 
consumedbefore combat, the gross weight at combat is 0.84 of take-off 
gross weight. From the previous assumptions, the engine weight is there- 
fore, at cc&at, 24 percent of the combat gross weight. A value of 25 

*At a Mach number of 0.9, the specific weights for-the nonafterburner 
engine are about 1.5 times the afterburner engine values given in figure 
ll. Removing the afterburner is assumed to remove 20 percent of the 
engine weight. 



. 
percent is used. Absolute ceiling of the fighter (eq. (6a)) under these 
conditions wEL therefore be that altitude at which L/D of the trimmed 
airplane in level.flight is 4 times the specffic engIne weight. Corre- 
spending values of L/D for the fighter are included as ordinates In 
figure XL. These are the L/D's that must be available If the airplane 
is to fly at the speed and altitude chosen. 

5 

Xf at each airplane Hach number, L/D of the trimmed airplane as a 
function of altitude is known, the altitude at which the drag of the 
trimmed airplane is.equal to thrust available can be determined. rf for 
each airplane Msch number (for an altitude range of 45,000 to 57,000 feet) 

z2 

the approxtite maximum value of L/D is as given In figure 10, the air- 
s 

plane L/D - Mach number curve may be drawn as indicated in figure IJ. 
The values are somewhat arbitrarilv extended to Ma = 3.0. In this case, - 
the effect of altitude on the L/D of the trim&d airplane is neglected. 

The L/D curve in figure ll is an envelope curve in relation to the 
specific engine weight curves, in that at each Mach number the airplane 
ceiling is that altitude at which the speciffc engine weight curve for 
that altitude intersects or is tangent to the L/D curve. Within the 
limitations of the assumptions, figure 11 emphasizes the need of lift-drag 
ratios higher or specific engine weights lower thanthose-now available if 
altitudes of 65,000 feet or greater are to be achieved in level flight.. 

The absolute ceiling envelope as a function of fighter airplane spscd 
and altitude can now be detertined using the data in figure Il. The curve I -.- expressing this relationship is plotted in figure 12 and is labeled 

The shape of this curve is determined by the relation Y 

of the L/D curve to the specific engine weight curve. 

&&mum Permissible Engfne Pressure Loading 

The next step Ps to consider the limitation placed on flight speed 
and altitude by peI?IKfBSible e;sainc pressure loading. Current en&nes are 
generally limited to about that pressure differential which occurs at 
1% = 1.0 at sea level. For full adiabatic ram pressure and a s = 1.0 
limit at sea level this pressure differential is: 

nx, max = (1.89 Pr+ - 1) 14.7 lb/in.2 
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, 4maX maximum permissible pressure differential, lb/q in. 

P r,c engine compressor pressure ratio (between 7.0 and X2.0 for cur- 
rent turbojet engines) 

Knowledge of the numerical value of Apmax permits calculation of that 
Mach number at each altitude which results in a pressure Mferential 
across the engine equal to &. Representative values sre given in 
table II. 

TABLE II. -EFFECT OF ALTITUDEONAIRPLANEMACH 

NlIMEB FOR CONSTANT EKXNE PRESSURE iXMDING 

Altitude, AirplaneMach 
f-t number, Ma 

s. L. 1.0 
10,000 1.4 
20,000 1.6 
30,000 1.9 
40,000 2.2 

In determining these values, correctjons to the engine compressor pres- 
sure ratio resulting from inlet-temperature variations with altitude snd 
with airplane Mach number have not been made, nor have corrections been 
made for the effect of stagnation temperature on the engfne stress limit. 
For these and other reasons, the data represent an approximation and 
should be so considered. The data from table II are plotted in figure 12 
and labeled Ap = Ap-. This curve represents that part of the altitude- 
speed Umttlng envelope that is determined by engfne strength. If the 
engine were requfred to operate at higher Mach numbers at low altitudes, 
the casing would be made thicker. This ~uld give the required strength 
but would make the engine heavier and performance at higher altitude 
would suffer. 

Maximum Permissible Total Temperature 

As airplane speed is increased, the total or stagnation temperature 
increases because of adiabatic ram compression. This successively higher 
total temperature is approximately the engine inlet air temperature that 
the turbojet engine must withstand. At an airplane speed of Ma = 2.0, 
this temperature is 240° F (NACA standard day) at altitudes above 35,000 
feet. In figure U&s value is plotted as temperature. 

i #.~-~L~..- c .- 
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The three limiting curves that establish the fighter airplane 

altitude-speed envelope are now determined, and a single curve labeled 
"generalized estimate" is faired from them. Again it is emphasized that 
these values are for the trimmed airplane in level flight. 

In addition to the generalized estimate curve, there is included a 
cross-hatched srea representative of the area included between the limit- 
ing curves specified by the manufacturers for the USAF fighters listed 
pretiously. These data show that the generalized estimate is reasonably 
representative of current practice. 

The relative effects of the various factors that may be varied to 
increase the altitude- 

P 
eed area included in the envelope are shown in 

figure l-3. Had the L D values for speeds above Ma PI 2.0 (fig. 11) 
been assumed to remain essentially constant, the corresponding curves in 
figure l3 would, for airplane speeds 'in excess of Ma = 2.0, slope 
upward instead of slightly downward. The curves as shown are ncverthe- 
less representative of the increases in airplane speed and altitude that 
will accrue from improvements in the limiting values of the factors 
involved. 

The curves of figure l3 indicating the portions of the altitude- 
speed envelope limitations determined by L/D, Weng/F, and We/W 

g0 
show 

the marked increases in airplane ceiling that can result from changes in 
these values. For instance, if the amount of metal in the engFne relative 
to the engine size is reduced 30 percent and the rate of air flow tlmough 
the engine (that is, thrust) is increased 30 percent, specific engine 
weight is decreased to 0.54 of its current value with a consequent in- 
crease in ceiling of 15,000 feet. If this mrovement is combined tith 
a 30-percent increase in L/D (23-percent decrease in drag), the specific 
engine weight is decreased to 0.41, sad the ceiling is increased by an 
additional 5000 feet. 

The curves also indicate the wrovement in ceiling achieved through 
increasing that part of the gross weight allotted to the engine (We/W,,. 
A 30-percent increase in this ratio would cause a 7500-foot increase in 
ceiling. This engine weight increase would also require that the fuel 
load at take-off be decreased from 30 percent of the gross weight to 22.5 
per cent. Reference to the fuel allotment tabulation of figure 6 shows 
that this decrease in allowable fuel weight would, if applied to the 
cruise portion of the flight, reduce the radius of action of the inter- 
ceptor by half. 

Because of the general flatness of the L D 
+ 

we 
'e Fav . 5 

= 1 curves (fig. 

13), the limitation to maximum permissible speed is the engine-pressure- 
loading limit at the lower altitudes and the limitation imposed by the 
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total temperature at the higher altitudes. Solution of the problems 
fmposed by this temperature limitation will require much effort. The 
airframe, the propulsion system, and the milit sry load are all affected 
about equally. The rate at which these problems csn be solved will 
determine the time at which these higher speeds can be achieved for 
other than short bursts. 

Heat of combustion of the fuel snd over-all efficiency of the engine 
do not directly affect either airplane ceiling or maximum speed. They 
may be considered to have an effect because they determine (eq. (5)) the 

'e percent that - = wePav 
wg L/D c > 

may be increased for a given increase in h 

or qe with R remaLning constant. In this case, as the heat of combus- 
tion h or over-all efficiency qe is increased, the fuel carried is 
decreased.sufficiently to maintain range constant, and the saving in fuel 
weight is allotted to an increase in engfne weight and consequently in 
thrust available. Reference to equation (5) and to figures 8 snd 9 shows 
that maintaining rsnge and ratio of military load to gross weight constant, 
an increase of 20 percent in either heat of combustion of the fuel or 
engine efficiency permits a l5 percent increase in the ratio We/Wg for 
the fighter snd 50 percent for the Mber. The corresponding ceiling 
increases sre apprnx-itely 4000 feet for the fighter and 13,500 feet for 
the bomber. The corresponding permissible L/D decreases for constant 
altitude are 14 -percent for the fighter and 33 percent for the bomber. 

Treatment of the effect of a decrease.in specific airframe weight, 
bdwgJ in the ssme manner shows that a given percentage decrease in air- 
frame weight will permit for the fighter a percentage increase in engine 
weight of 1.5 times the given value and for the bomber 2.4 times that 
value. These increases will be accompanied by corresponding increases in 
thrust available and therefore in ceiling or in speed. 

Engine Size 

Engine size is generally expressed in terms of sea-level static 
military rated thrust. The engine size required for any particular air- 
plane is dependent on the product of the ms~imum value of the ratio of 
thrust required-to gross weight, and the ratio of the thrust at take- 
off to the thrust at this flight condition, and on the number of engfnes 
installed in the airplane. 

Estimates of the required engine size, s~3suming for instance that 
the combat condition determines the size, can be made as follows. The 
thrust required at combat is determined by the combat values of gross 
weight, lift-drag ratio, and acceleration required for maneuvering. From 
the thrust required at combat, military rated sea-level static thrust can 
be determined from the engine.s?ecific weight-altitude-speed relationship, 
as presented in figure XL. worn-this thrust and the percentage of gross -- 



weight that is allotted to the engine, the required sea-level static 
thrust and sea-level specific engine weight is determined. Sample values 
ere presented in table III. 

TAEXLE III. -~IONB~AlRPLAlYECOMBATAL~~E,SPEClFIC 

EiNXXE WEIGBT*, AM] JJIRPI;AIJE GROSS WEIGRT. Ma = 2.0. 

(a) Long range bomber 

L/D = 5 W etc/ wem 
L 0.67 

w- m-o.1o /w we- /W gc = 0.25 

Combat altitude, 
ft 

FTo/Wm 
Required M 

spec. eng. wt 
Required mil. rated 

SIS sp. eng. w-t 

~>~ 55,000 65,000 75,OOC 
0.214 0.329 0.523 0.850 

.466 .304 .I21 .SlB 

,699 .456 .286 .177 

Take-off gross weight I 

I 4 I Mil. rated Sm 
thrust, lbs 

4c,ooo 
56,OOC 
80,000 

112,000 

280,000 183,000 ll5,OW 70,000 
390,000 256,000 161,000 98,000 
560,000 365,000 229,000 141,OCKJ 
------- 516,000 322,OOC 197,000 
(b) Fighter 

L/D= 3.0 1.2 g turn wgc/wm - 0.633 

weng @;lro /w P 0.20 W&WgC - 0.25 

Conibat altitude, 

%%% 
45,000 55,000 65,000 75,000 

0.64 1.00 1.57 2.55 
Required M 

spec. eng. wt .312 
Required mil. rated 

SIS sp. eng. w-t .463 

.200 

.300 

.I27 -078 

.I30 .ll7 
Take-off gross weight 

Tjfqs& El 16,000 
*Airplane speed and altitude affect Bpecific engine weight as 

given in fig. 11. 
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From the values of table III, the relation between total engine milLtsry 
rated thrust and airplane gross weight is determined. In the conq?uta- 
tions, it is assumed that afterburner engines are used and, as specified 
previously, that the ratio of t&se-off thrust FTO to sea-level static 
military rated thrust is 1.5. That is, the ratio of take-off specific 
engine weight to military rated specific weight is 0.67. 

In table III(a), the required sea-level static military rated spe- 
cific engine weight for the combat altitude of 55,000 feet is represent- 
ative of current engine design (see fig. XL). The table brings out again 
that specific engine weight must be reduced below current values if alti- 
tudes of 65,000 feet or higher are to be attained at the assumed combat- 
speed and lift-drag ratio with current airplane weight distributions. 
The table also indicates the need for engines of greater sea-level static 
thrust or for a greater number of engines a8 cabat altitudes are 
increased. 

In table III(b) for the fighter, the same essential. points are illus- 
trated as for the bomber. In this case the values at 45,ooO feet are 
representative of the values given in figure 11. It is also shown, based 
on the assumed eirfrsme and engine performance and the airplane weight 
distribution, that thrust-wise, vertical t&e-off becomes a matter of 
choice for fighter airplanes tith which combat altitudes of the order of 
60,000 feet or higher can be attained. It is well to point out that 
certain engine improvements that are discussed later will decrease the 
ratio between the sea-level.static thrust and the thrust at altitude for 
speeds in excess of Ma = 1.3. 

The need of large engines or of multi-engined fighters is illustrated 
for the higher combat altitudes. For instance, at 65,000 feet combat 
altitude a 27,000 pound gross weight (at take-off) fighter requires a 
single engine of 28,OOO'pounds military rated thrust. The thrust avail- 
able for take-off with the afterburner operating on such an engine is 
42,000 POUIldB. Improvements in -lane combat lift-drag ratio or real- 
ization of the engine improvements mentioned above ~uld do much to 
relieve this situation. 

In table III, the values of military rated thrust listed sre sepa- 
rated by increments of about 40 percent. If a maximum of eight engines 
is to be used in the largest long-range bombers, these data indicate that 
arelatively smallnumber of dlfferentengines willprovide for awide 
range in gross wei& for both fighters and bombers. Ta.ble III does not 
represent the complete relation of required engine sea-level static thrust 
to airplane gross weight, since the lift-drag ratio for only one altitude 
and flight speed is considered, but it shows the general effect of in- 
creased combat altitudes. A more complete evaluation should include a 
consideration of the acceleration and rate-of-climb requirements particu- 
lsrly in the transonic speed region. 

The interrelationwtween gro~%'Weigh$ 
and speed; and airplane weight distribution, airframe 

-hzEz 



and propulsion-system characteristics have been examined. The detail of 
the examination has varied with the parameter. Because of contributing 
factors that have not been considered, the analysis is not intended to 
give precise values. It aoes provide a background for general research 
emphasis and for estimates in regard to the probable airplane performance 
that c&u be obtained through improvements in the variables considered. 
Of the information presented, 
@), 

tables I and III, equations (3), (5), and 
snd figures 1, 3, and I.3 are probably of most significance. 

Gross weight of the airplane is largely a function of military load 
(fig. 3) and, unless there are considerations limiting gross weight or 
required range , gross weight of the airplane will be of the order.of 13 
times the weight of the military load. Figure 1 and equations (3) and 
(5) show the manner in which the primary airplane variables affect range. 
Increases in range till most likely be realized through increases in heat 
of combustion of the fuel, in propulsion-system efficiency, and in lift- 
drag ratio of the airplane. Appreciable decreases in specific airframe 
weight do not appea likely. Increases below cuqgd values in the ratio 
of military load to gross weight sre not an effective mesns of increasing 
range (fig. 3). A decrease in specific engine weight will most likely be 
used to increase permissible airplane speed and altitude rather than to 
increase range. Since increases in range resulting from increase5 in 
airplane lift-drag ratio, engine efficiency, and fuel heat of combustion 
are cumulative, small increases in each are well worth while. 

Figure 13 and equation (8) show approximate limits of current 
fighter-airplane speed and altitude. To the extent that the engine in 
the fighter or bomber will constitute a fixed percentage of the gross 
weight, increased altitude and speed will be obtsined jointly through 
decrease in specific engine weight azld increase in airplane L/D, both 
improvements giving quantitatively about the same results. A lo-percent 
improvement in either till increase airplane ceiling by 2500 or 3000 
feet. As mentioned previously, the increase in L/D ratio will also 
increase range. 

. 

The rate at which maximum airplane speed can be raised to values 
above Ma = 2.0 will depend lsrgely on the rate at which successively 
higher stagnation temperatures can be tolerated and (at lower altitudes) 
the rate at which maximum permissible engine pressure loads can be 
raised. 

Engine size (thrust wise) is lsrgely a function of airplane ceiling, 
maximum speed, and number of engine5 per airplane. A6 the ceiling is 
raised, larger engines or a greater number of engines will be required. 

--I 
The next step in the present analysis-is to estimate the extent to . 

which each propulsion-system factor can be improved, considering both 
degree of improvement and possibility of achieving the improvements. w 
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The discussion will cover improvements in specific engine weight, engine 
efficiency, maximum permissible engine pressure loads, and fuel heat of 
combustion. Following these dlscussions the fuel availability, critical 
materLal.6, and lubrication problems will be discussed. 

IN F'ROHJLSION SYS'I!EZJpERFORMANCE 

The propulsion vsri&les under consideration will be taken up in 
order: specific engine weight Weng/F, engine efficiency qet and fuel 
heat of combustion h. For each variable, an estimate is made of the 
present position and of the possibilities for iwrovement. 

Figure 14 is a dLagrammati.c sketch of a supereonic turbojet engine. 
The combined aerodynamic and thermodynamic performance of the six major 
engine parts indicated, together with the characteristics of the materfals 
from which the engine is made and of the fuel from which the propulsive 
energy is derived determine specific engine weight and engine efficiency 
for any flight condition. 

l 

Certain factors that sffect specific engine weight also affect en- 
gine efficiency. In general, the relation of these factors to specific 
engine we-t is discussed in the section on specific weight, and the 
relation to engine efficiencies in the section on efficiencies. . 

l Specific Engine Weight 

As mentioned previously, the specific weight guaranteed by the en- 
gine manufacturer is the military rated specific weight, that is, the 
speclfic weight under sea-level static conditions at rated engine speed 
with the afterburner not operating. The genersl effect of airplane alti- 
tude and speed on specific engine weight at different flight conditions 
has been presented in figure ll. Under any operating condition, specific 
weight of the engine is established for the most part by three variables: 

1. Weight of materisl in the engine 

2. Rate of air flow through the engine 

3. Temperature to which the air is burned, which in turn determines 
the thrust producedper pound of air flowingthroughthe engine. 

. 
Weight of material in the engine is, of course, a constant for a 

given engine. Rate of air flow through the engine is dependent first on 
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the compressor design and secondly, considering full-throttle operation, 
on the altitude and speed at which the airplane is flying. For a-lane 
speeds up to Ma = 1.0 at sea level and up too I.&= 1.3 at altitudes of ..L 
35,000 feet or over, the predominant effect of airplane speed and slti- 
tude is change in density of the air at the compressor inlet. For these 
flight conditions, air-flow rate through the engine can be considered as 
the product of the air-flow rate under the sea level static condition and 
P/P~~, in which pal is the density of the air under sea level static 
conditions and p is the density of the air at the compressor inlet under 
the specified flight condition. At airplane speeds higher than Ma = 1.0 
at sea level or Ma = 1.3 above 35,000 feet, rate of ti flow through 
the engine is further affected by changes in inlet-air temperature and 
velocity, because they alter aerodynamic performance of the compressor 
and aerodynsmic and thermodynamic performance of the inlqt diffuser and - 
exhaust nozzle. The effect of these factors on rate of air flow and on 
thrust produced, and thus on specific engine weight, will be discussed 
in the order just given. 

The effects on spectiic engine weight of combustion teweratures, 
whether in the conibustor or in the afterburner, and the factors that limit 
these temperatures are referred to briefly in this section on specific 
engine weights. They are discussed in more detail in the section on en- 
gine efficiencies, since their effect on specific weights is closely in- 
terrelated with the&r-effect on efficiencies. The use of special fuels 
to attain higher combustion temperatures is discussed in the section on 
fuels. 

. 

Weight of Materials in the Engine 

An analysis has been made by James Lazsr (at the time, of the NACA 
Headqusrters staff) of engine weights guaranteed or estimated by manu- 
facturers (as of August 1953). These data represent all U. S. sxial- 
flow turbojet engines having military rated thrust of 3CCKJ pounds or 
higher from the J-34 through the J-79 engine. The analysis shows that a 
reasonably good correlation is obtained if engine weight is plotted 
against the cube of engine compressor tip diameter, figure 15. As men- 
tioned previously, for a given compressor tip diameter an engine without 
afterburner has approximately 80 percent the weight of an afterburner 
engine. 

The engines are divided into three groups according to their stage 
of development as of approximately August, 1953. Those engines that had 
passed the 150-hour test are represented in figure 15 by diamonds "+", 
those that were in the process of passing this test by squares "m", and 
those that were in the design stage or the early hardware stage by circles, 
"0". With one exception, the weights of engines in the design and early 
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hardware stages sre described quLte accurately by the straight line of 
equation (10). One of the points on the curve of figure 15 is an Ameri- 
canized engine of British design. The data of figure 15 show the present 
state of the srt and the reasonable uniformity of engine-weight patterns 
being followed by different engine msmfacturers. 

In the development of these engines, emphasis has been placed on ob- 
taining higher thrusts and higher pressure ratios without increasing spe- 
cific engine weight. Considersble emphasis is now being placed on reduc- 
ing the mount of metal in sn engine of given diameter, to decrease 
specific engine weight. Consequently, figure 15 snd equation (10) should 
not be.used to estimate future engine weights. 

The relation of various engine d&meters to compressor tip diameter 
sre as shows in table IV. 

TABLE IV. -PATIOOFODTSllEDIAMETEROFSEVERALEXGlXE 

PAFErsTOC OMFRESSORTIPD~ 

Production DeVelopMenti 
engines engines 

Compressor case 
Combustor 
Turbine 
Afterhn-ner 

,3ngine envelope 
circle 

1.16 1.07 
1.24 1.08 
1.23 1.05 
IL.32 1.17 
1.53 1.35 

In table IV, the "production enginesR in general represent those en- 
gines indicated by tismonds in figure 15 and the 'Wevelopment engines" 
represent those engines indicated by squares and circles. 

Pate of Air Flow Through the Engine 

The amount of aLr flowing through the engine is the second of the 
factors controlJLng engine weight to be considered. At any inlet condi- 
tion the air flow per square foot of compressor frontal area, based on 
the tip diameter, figure 16, is a function of the average air velocfty 
into the compressor and of the ratio of the.compressor hub diameter to 
tip dismeter (hub-tip ratio). An increase in this velocity or a decrease 
in hub-tip ratio increases this specific air flow. The data for figure 
16 are based on the average inlet axial Mach nuder for the annulsr flow 
erea immediately ahead of the first-stage compressor tip Mameter. stand- 
ard sea-level conditions are assumed. The maximum air flow rate shown, 
50 pounds per square foot per second, 5s the value for a Irchoked" pipe 
under standard sea-level conditions. 
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The shaded area marked "subsonic" fs representative of present prac- 
tice. The turbojet engines that were in the process of passing or had 
just passed the l50-hour test (as of August 1953) have an air flow of I 
about 25 pounds per second per square foot. At this air flow, for a 35- 
fnch diameter compressor tip and 62.5 pounds of thrust per pound of air 
per second, the militsry rated sea-level static specific engine weight 
is 0.460 (fig. 15). The newer engines in the design and early hardware 
stage have an air flow of 27 to 30 pounds per second per square foot. 
The major axis of the shaded oval srea (fig. 16) msrks the general pro- 
gress to these higher air-flow values by the use of higher inlet veloci- i2 
ties and lower hub-tip ratios. Values of military rated specific engine iz 
weight as a function of thrust for the afterburner engine are shown in 
figure 17, aseuming the weight-diameter relationship given in figure 15 
and assuming 62.5 pounds of thrust per pound of air flow per second. 
The curve is representative of current engines and should not be used to 
estimate future specific engine weight. 

As inlet Mach number is increased, a point is reached (If the first 
compressor stages EcL"e to develop reasonsbly high pressure ratio) at which 
flow velocity relative to the compressor blade tips exceeds a Mach nuniber 
of 1.0. This condition requires that the air foil design of compressor 
blades in the stages involved be transonic instead of subsonic. Current 
research and development data indicate, as denoted by the area marked 
"transonic", that by using a transonic compressorhaving a hub-tip ratio 
of 0.35 to 0.40, air-flow rates approaching 40 pounds per second per 
square foot are feasible. At the same time, the pressure ratio developed 
by the transonic stages till exceed that developed by their subsonic 
counterpsrts. Application of transonic compressors having one or more 
transonic stages 1s being fostered by the NACA and the engine industry. 

Blades having transonic air foils have operated successf'LUy with 
relative Mach numbers of 1.2 at the tip in a research multistage com- 
pressor. An experimental stage, operated at a tip Mach number of 1.4, 
indicated high efficiency. At this Mach number level, the air foils 
might be more properly described as supersonic. There is some promise 
that efficient supersonic air foils will be used for cowressor blades 
in the future. Such air foils will., however, probably be exploited for 
increasing pressure ratio of the stages Lnvolved and thereby decreasing 
engine weight, rather than for ticreasing compressor sir flow capacity. 

Consideration of higher rates of air flow through the compreseor 
should include an examination of the ability of other engine coqonents 
(fig. 141, notably the combustor, the turbine, and the afterburner, to 
handle increased rates of air flow. With current productfon engines, 
see table IV, the outside couibustor diameter is about 1; times the com- 
pressor tip diameter. Consequently, at sea-level static conditions, for 
the production engines, an air flow, W,, of 25 pounds per second per 
square foot through the compressor corresponds to 16 pounds per second 
per square foot through the circle described by combustor outside diameter. 
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In the newer engines, the ratio of combustor outer diameter to com- 
pressor tip diameter is reduced to 1.10 or slightly less. For these 
engines, the compressor air flow of 30 pounds per second per square foot 
corresponds to a combustor air flow of about 25 pounds per second per 
square foot of frontal srea and the compressor value of 40 pounds per 
second per square foot corresponds to a combustor value of 33 pounds per 
second per square foot. These higher rates.of air flow through the com- 
bustor generally tend to increase co&u&or pressure drop, which results 
in a greater relstive loss in thrust. Higher rates of air flow also tend 
to decrease combustion efficiency. These two losses csn be combined in- 
to a cor&ustor efficiency which expresses them as a reduction in engine 
efficiency. . 

Ability of the combustor to handle the higher air flow rates can be 
expressed as an airplane Mach mn&er - altitude curve for a #ven percent 
couibustor efficiency. Such a plot is shown in figure 18 for a combustor 
efficiency of 95 percent. For comparison, the current fighter ILmiting 
Mach number - altitude envelope from figure 12 is included. The combus- 
tor data plotted represent values obttined Ett the Lewis laboratory (ref. 
1) with sn experimental annular combustor having an inner diameter 0.4 
of the outer diameter. 

For an engine with a compressor pressure ratio of 7, the maximum 
altitude at whkh 95-percent combustion efficiency is obtainable Is ap- 
preciably higher than current ffghter altitude ceilings. Increasing sea- 
level static pressure ratLo to 12 increases co&u&or altitude limits by 
providing less severe conditions for combustfon and reducing the effect 
of compressor pressure drops on engine thrust. The data in&Lcate that 
performance of the combustor need not delay the use of the higher engLne 
air flow rates under discussion. 

The problems of handling greater air flow through the afterburner 
are similar to those of the combustor. Afterburner altitude limits, 
based on data obtained &Lth an experimental afterburner at the Lewis lsb- 
oratory (ref. 2), are shown in figure 16 for sn afterburner efficiency of 
85 percent. (The curve for an 80 percent efficiency wouldbe about 6500 
feet higher.) Compressor-pressure ratio has little effect on the slti- 
tude limits iwosed by afterburner combustion efficiency. The data show 
that Improvement in afterburner altitude efficiency is required to use 
effectively the higher air flow rates through the engine. 

The problem of handling higher rates of air flow through the turbine 
has been discussed in reference 3 by Cavicchi and EngUsh. 

To Increase rate of sir flow through the turbine, either turbine- 
outlet area mt be increased or the product of density of the gas and 
axial velocity of the gas at the turbine outlet must be increased. If 
the srea is increased and the ratio of compressor to turbine diameter 
maintained constant, the turbine hub-tip rat&o must be decreased with 
consequent increase i*, increasewill 
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, 
be closely proportional to the increase in gas flow rate. Since the tur- 
bine outlet is close to the choked condition, to raise the outlet veloc- 
ity, the turbine-outlet temperature, and therefore the turbine-inlet tem- 1 
perature must be raised. Considering the..int&elaationships of the 
different vsriabies involved, the flow will be dependent on turbine-inlet 
temperature and compressor pressure ratio in the manner shown in figure 
19 for a fUght Machnu&er of 1.8 and a turbine-exit axial Mach number 
of 0.7. Since choking occurs in the rotor passage.for an average exit 
axial Mach number near 0.7, the air flows given in figure 19 approximate 
the limiting values. The effect of hub-tip ratio &s .also shown in the 53 ._ - 
figure. The curve -for e turbine-inlet temperature of l.540' F and a tur- n" 
bine hub-tip ratio of 0.65 corresponds-to present practice. The data -- 
show that for air flows in excess of 30 pounds per square foot, either 
increased hub-tip ratio or higher turbine-inlet temperature must be 
employed. 

.- 
According to the data in table m-the flow rate through the turbine 

should be about the ssme as that through the compressor. At current 
turbine-inlet temperatures and constant hub-tip ratio (constant annular 
area) increasing compressor pressure ratio has little effect on flow 
capacity because the drop in pressure across the turbine is almost as 
great as the rise in -pressure across the compressor. Atthe hfgher com- 
pressor pressure ratios, however, large increases in flow capacity of the 
turbine can be obtained by increasing turbine-inlet temperature. For ex- 
ample, at a compressor pressure ratio of 12 an increase in turbine-inlet 
temperature from 1540° to 2540° F increases flow capacity approximately 
30 percent. Or a decrease -Ln the hub-tip.ratio from 0.65 to 0.50 permits 
the turbine air flow to be increased to approximately the values required 
to take full advantage of the compressor air flow increases discussed in 
relation to figure 16. For no change in engine speed, this decrease in 
turbine hub-tip radius ratio, however, is accompanied by a 33-percent in- 
crease in blade stresses. 

-.. 

w 

I" 

The amount that turbine air flow capacity can be increased without 
an accompanying increase in-engine weight is thus dependent on the amount 
that increases in turbine-inlet temperature, or turbine blade stress, or 
both can be tolerated. With present day turbine materials, these require- 
ments are conflicting. 

With current turbine-inlet temperatures and turbine materials, the 
turbine-blade tensile stresses.at the critical blade sectfon sre (ex- 
pressed ss lOOO-hourrupture values) limited to about 25,000 pounds per 
squsre inch. Figure 20 shows an approximation of the effect of turbine- 
blade temperature and material on the It.COO-hour rupture stress. The data 
shown by the solid lines were supplied by Mr. William L. Badger of the .-- 
General Electric Company. The dashed l&es represent some newer 
alloys that sre in the early development stage, The curves show that the 
current cobalt- or nickel-based alloys are satisfactory stresswise for i 
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the present turbine-blade temperatures of about 1500° F, but that for 
higher stresses the blades must be cooled to lower temperatures. To 
permit stresses 50 percent higher than current values, the blade temper- 
atures must be decreased L50° F. For t+Lce the current permissible 
stress, the required decrease is 225' F. The nickel- and cobalt-base 
alloys under development may of themselves extend the permissible stress 
to 30,000 or 35,000 pounds per squsre inch, an increase of about 30 per- 
cent. The molybdenum-base alloys would provide still greater strength 
but until the problem of oxidation of the alloy is solved, its satisfac- 
tory use cannot be assured. Considering current blade material and 
turbine-inlet temperatures, the required increase in blade stress can be 
obtained by air-cooling the turbine wheel and blades. Figure 21 indi- 
cates the amount of engine dr that must be bled from the compressor 
outlet to provide this cooling. These data apply to the blade type shown 
in figure 21. The loss in the engine efficiency with turbine cooling is 
negligible. The loss Fn thrust as will be discussed later is about equal 
to the percent of cooling air required, about 2 percent for a 3oO" F tem- 
perature drop for the blade shown. The possibility of increasing the 
turbine-inlet temperature through turbfne cooling will be discussed in 
the section on engine efficiencies. 

Effect on FngFne SpecFfic Weight of Aerodynamic and Thermodynsmic 

Performance of Inlet Diffuser, Compressor, and Exhaust Nozzle 

Decrease in the weight of material in the engine, as has been men- 
tioned, results in a proportional decrease S.n specific engine weight 
regardless of flight condition. The same relation is true for the 
increases in rate of air flow through the engine so far discussed. In 
addition, this increase Fn air flow decreases engine frontal srea for a 
given thrust. Those situations till now be considered in which, at high 
flight speeds, research and development iridicates that the rate of air 
flow through the engine or the thrust produced per pound of air flow can 
be increased by further iuqrovements in the compressor, the vsriable- 
inlet diffuser, aed the discharge nozzle. Improvement of the compressor 
will place increased demands on the turbine. Means of meeting these 
demands will be discussed. 

The airplane speeds-at which such effects become appreciable are, 
as has been mentioned previously, in excess of Ma= 1.0 at 'sea level 
andinexcessof Ma=1.3 at altitudes of 35,000 feet or Fester. 
Charges that may effect improvements at these speeds must be considered 
to determine if they will cause any loss in performance at the lower 
speeds. The engine compressor and the related turbfse problems will be 
dLscussed first. 
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Compressor 
. 

The improvements in air-handling capacity of the compressor that 
have been discussed so far are a function of what has been termed aero- 
dynamic design of the compressor. This air-handling capacity is a func- 
tion of the annular flow area at the first compressor stage and (neg- 
lecting Reynolds number effects) of the permissible average inlet Mach 
number, relative to the peripheral srea at this stage. As airplane speed 
is increased, the total temperature of the air is increased by ram com- 

'pression of the air in the inlet diffuser. The effect of this tempera- 
ture increase on compressor performance will be discussed in this 
section. 

If Reynolds number effects are neglected, the aerodynamLc perform- 
ance of any row of blades in the compressor, and therefore the rate of 
air flow into the compressor, depends on two factors: Mach number of the 
entering air, relative to the blades, and angle of attack of the blades, 
relative to this air. 

- 
The resul-t;snt Mach number and angle of attack are functions of the 

peripheral Mach number Mper of the compressor blades and the axial Mach 
number El, of the entering air as shown schematically in the diagram of 
figure 22. 

Peripheral Mach number Mper, fs given by: 

in which 

dC compressor diameter at blade section of interest 

N compressor revolutions per unit time 

%u? gas constant for air 

Y ratio of specific heats 

(11) 

t2 static temperature of the entering air 

Inlet axial Mach number Max is mainly a function of the peripheral Mach 
number: . 
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c 
For a psrticular engine, at constant values of turbine ares and 

engine exhaust nozzle area, there is one and only one average axial Mach 
number for each peripheral Mach number. A curve representing thfs rela- 
tionship is given in figure 22. The coordinate values above the abscissa 
axis and to the right of the ordinate axis till be discussed later. Since 
each point on the curve represents a unique value of Mach number and ang&e 
of attack relative to the compressor blades, each point also represents a 
unLque value of pressure ratio, of conrpressor efficiency, and of inlet 
axialMach number. Values of pressure ratio relative to the pressure 
ratio at the design peripheral Mach number and values of compressor effi- 
ciency are indicated on the curve. For this example, the design periph- 
era1 Mach nu&er is 0.96; on the abscissa scale, this value is labeled 
"rated." 

The upper end of the curve has two limits. The first is a mechanical 
limit imposed by the maximum permissible engtie stresses produced by ro- 
tative speed. The second is an aerodynamic limit and is that peripheral 
Mach number that results in compressor choking or in other aerodynamic 
limitations such as the need for blade matching between &ages. Equation 
(11) shows that this aerodynamic limit may be reached either by increas- 
ing the engine rotative speed or by decreasing the temperature of the air 
at the compressor inlet. 

The compressor is generally so designed that under some subsonic 
flight condition, the maximum permissible peripheral Mach number occurs 
at the maximum permissible speed. In the figure it is assmd that the 
maximum peripheral Mach number occurs at the m&mum permissible speed, 
at a flight speed of Ma = 0.6, and BT~ altitude of 35,ooO feet or more. 
Rated speed and rated peripheral Mach number are given as 90 percent of 
these values. 

The rate of air flow war into the compressor is given by: 

war *n 
c=pv, 

in which 

A, ccxnpressor frontal area based on compressor tip diameter 

A, annulsr flow area at first corapressor stage 

P density of inlet sir 

vax s&al velocity of inlet air 

(13) 
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Since: 

in which 

t2 static temperature of the enter- air 

equation (13) can be rewritten as: 

(15) 

Combining the temperature terms and converting to total temperature 
and pressure at the compressor inlet instead of static pressure and tem- 
perature, equation (15) becomes: 

wEir An z-p A, A, 2 (15a) 

Equation (15a) shows the manner in which the rate of air flow into 
the compressor varies with the total temperature and total pressure and 
with the axial Mach number. The relation between axial Mach number and 
peripheral Mach number is shown in figure 22. The values in figure 16 
were determined from equation (15a) for conditions of standard sea level 
total pressure and temperature. 

If the engine is operating at rated rpm but the afrplane is flying 
at such a speed that compressor inlet-air temperature, because of ram 
compression, exceeds sea-level standard air temperature, 60° F, the pe- 
ripheral Mach number will be decreased below the rated value. Values of 
compressor inlet-air static temperature, corresponding to airplane Mach 
number from 0.6 to 3.0 at altitudes of above 35,000 feet are given to- 
gether with the airplane Mach number on the abscissa in figure 22. The 
values are tabulated at the corresponding peripheral Mach numbers, equa- 
tion (ll), for each respective temperature tith the compressor operating 
at rated rpm. The airplane Mach numbers are also tabulated on the ordi- 
nate axis at the corresponding axial Mach numbers. Although the rpm of 
the compressor has been maintained at its rated value, the air flow at 
flight speeds in excess of Ma = 1.3 has been decreased below that which 
the aerodynamic speed limit of the compressor would permit. The amounts 
are determined from figures 22 and 16 and are tabulated in table V. 



NACA RM 54H23 

TARIZ V. -LCESINCOMERESSClRPEBDHEIRALMACH 

33 

[Altitude greater than 35,OOCl ft] 

1 

2.0 85 22 
2.5 75 37 
3.0 68 48 J 

The specific engine weights given in figure 11 include these losses. 

If engine rpm could be increased to vslues of 116 percent of rated 
speed at Ma P 2.0, 130 percent at Ma = 2.5, and 147 percent at 
Ma = 3.0, air flow would in each case be increased to the "rated flow" 
and specific engine weight decreased by the respedlve amount shown in 
the loss-in-air-flow column. These Increases in r-pm would increase tur- 
bine blade or compressor stresses (which vary as the square of engine 
speed) 35 percent, 69 percent, and U6 percent, respectively. IT the 
data ti the table were based on the maximum permissible ser of 1.07 M 
rather than the rated value of 0.96 M the air flow gains would be accord- 
ingly greater. 

With a constant exhaust-nozzle area, increasing peripheral Mach 
nuDllber to the rated value also increases cmressor pressure ratio to the 
rated value. This combination of high compressor-inlet air temperature 
and high compressor pressure ratio results in compressor-outlet tempera- 
tures higher than desirable. lhcreasing exhaust-nozzle area at the same 
time that engine rpm is increased, wUl result in a lesser increase in 
compressor pressure ratio than shown in figure 22. 

The work of CavicchI and English, previously referred to, has shown 
that the increase in turbine stresses accompanying the higher engine 
speeds till be one of the naost difficult problems to overcome in bringing 
the compressor to rated aerodynamic performance at high flight speeds. 
The discussion on turbine stresses in relation to figures 19 and 20 
applies. The cool- required to permit the higher stresses discussed 
here will be in addition to that required for this previous use. For 
instance, to decrease hub-tip ratti from 0.65 to 0.50 and at the same 
time to permit engine speed to be increased 16 percent (see discussion of 
table V and fig. 19) would require a stress increase (1.43X1.35) between 
90 and 100 percent. 



. 
Increasing engine rpm for high flight speeds without increasing 

engine weight also poses problems such as the ability of the compressor 
to withstand the higher stresses. Adequate au&-Lions cannot be assured. 
However, it should be remembered that the -jrocedti< discussed here pro-. 

.. " 

vides a means for increasing -lane ceiling by 6ooO at a speed of 
Ma = 2.0 and by 9ocx> feet at Ma = 2.5. 

Inlet Diffuser 

The air-inlet and diffuser system plays an important role in the 
determination of effective e-e specific weight. Mass flow through the 
engine, and consequently thrust, is directly proportional to the intake- 
system pressure recovery. In addition, thrust per pound of air is a 
function of the pressure recovery, through its effect-on over-all engine 
pressure ratio. Drag produced by the intake system may also be viewed as 
a thrust decrement. Therefore, for minimum effective engine specific 
weight in a given aircraft configuration, inlet pressure recovery should 
be at the highest possible value throughout the flight rsnge and inlet 
drag should be a minimum. 

These inlet requirements can generally be met satisfactorily in sub- 
sonic airplanes through the use of fixed-geometry intake systems, inas- 
much as such inlets can be efficient over a wide range of air flow and 
flight-speedS conditions. At supersonic speeds, however, inlets have only 
a narrow operating range of flight speed over which they can deliver air 
at high pressure recovery and low drag. When flight speed is changed, it 
is generally necessary to vary the inlet geometry in order to obtain both 
high pressure recovery and low drag. . 

As &mum supersonic speed of the airplane is increased, the Urn- 
itations of a fixed-inlet design become increasingly severe. It there- 
fore becomes increasingly necessary to provide an tir-inlet and diffuser 
arrangement that can be vsried both in area and Fn relative shape ae 
flight Mach number is changed. If this requirement is not met, there 
will be serious thrust losses during some portion of the flight speed 
range. 

The extent of the thrust losses that may be incurred with fixed- 
geometry intake systems and the gtins to be obtained from the use of 
variable-inlet geometries are Fllustrated in figure 23. These curves are 
based on calculated inlet performance data that are in good agreement 
with experimental values. Although the numerical results presented in 
the figure are for an engine operating at constant mechanical. speed, the 
inlet-matching problem is qualitatively the ssme for engines em&UoyLng 
increasing mechanLcal speed with increasing flight Mach number. 
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Curves are show-n for inlets havWg design Mach numbers of 0.85 and 
2.0. The design Mach number Fnaicates the flight speed at which the 
inlet would supply the engine air flow requirements without spillage 
(low drag) and at the maximum inlet pressure recovery currently possible 
with moderate geometric complication. Both inlet designs incorporate 
comparable coqression surfaces so that they would be capable of operat- 
ing at the same pressure recovery levels through the flight speed range. 
(An inlet designed for Ma = 0.85 without a compression range would 
achieve the same subsonic performance levels as those shown in figure 24. 
At supersonic speeds, however, the thrust would be greatly reduced from 
the indicated values because of the low pressure recoveries assocLat& 
with simple normal-shock Mets.) At other flight speeds, the inlets 
would either operate with reduced pressure recovery, or with spillage 
and increased drag, depending on the inlet design Mach number. The 
increased drag, where present, has been included in the net thrust 
evaluation shown in the figure. 

The performance attainable with a variable-geometry inlet is also 
indicated in fLgure 23. This inlet is presumed to incorporate a variable- 
angle compression surface. The angle is reduced as flight speed is re- 
duced along such a schedule that pressure recovery is maximfzed at each 
flight speed, .whLle air spillage is reduced to a low value. Similar, 
though not identical, performance could be attained tith inlets in which 
the compression surface is retracted. as Mach number is reduced, or in 
which excess air is discharged through low-drag bypass ports ahead of the 
compressor face. 

Using the variable-inlet performance as a standard, each of the fixed 
geometry inlets shows serious deficiencies. As a result of high air- 
flow spillages, the inlet having a design Mach number of 0.85 suffers a 
16 percent loss in available thrust at a Mach number of 1.5. This loss 
is reduced to 5 percent at a Mach number of 2.0. The fixed-geometry inlet 
having a design Mach number of 2.0, on the other hand, eliminates the 
thrust loss at Mach nur&er of 2.0, but incurs losses as great as 22 per- 
cent of the variable-inlet values at Mach number 0.85. These losses are 
caused by low operating pressure recoveries. Airplane operation to higher 
supersonic speeds thsn those shown on figure 24 will increase the penal- 
ties of fixed-inlet operation. 

In the computations for figure ll, which shows the effect of airplane 
speed and altitude on specific engine weight, diffuser performance similar 
to that of the vsrieble inlet was assumed. 

Exhaust Nozzle 

The exhaust-gas nozzle should provide a throat area corresponding to 
specified conditions flow at the 
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afterburner outlet. Failure to provide the proper area forces an adjust- 
ment in upstream conditions with a concomitant change in engine operation 
and a loss in thrust. This loss in thrust results from a loss in nozzle 

-. 
& 
- 

efficiency that reduces over-all engine efficiency. It can also cause 
throttling of the air flow through the engine, with losses of the type 
discussed in connection with the diffuser. To fulfill the requirements, 
throat srea of the exhaust nozzle must be much larger for the afterburn- 
ing engine than for the nonafterburning engine; smaller variations are 
required by changes Fn flight altitude and flight Mach number. Maximum 
jet thrust.ideally occurs when the flow undergoes a controlled expansion 
to the condition where the jet static pressure equals the ambient pres- 
sure. A controlled ei;rpansion refers to one which t&es place over thrust 
producing surfaces as ccmtrasted with a free-jet expansion such as occur8 
with a simple convergent nozzle at pressure ratios higher than the crit- 
ical choking value. The amount of expansion required increases with jet 
pressure ratio and hence with flight Mach number. 

The importance of properly expanding the flow at supersonic Mach 
numbers is illustrated in figure 24 (refs. 4 to 8) for an engine of 
advanced design operating at a constant rotative speed andwith after- 
burning. The altitudes assumed are sea level for flight speeds below 
Ma * 0.9, and at the tropopause for flight speeds above Ma= 0.9. Four 
nozzle types are shown: (1) a convergent-divergent nozzle with variable 
throat and exit uea8j (2) a plug-type nozzle with variable throat area 
that provides for controlled expansion over what might be considered an 
external surface, (3) an ejectornozzle with variable throat and shroud 
areas that expands the primary flow into a cushion of secondary air and 
thus provides thrust gains over the convergent nozzle by the mechanism 
of maintaining back pressure in the secondary flow passage well above 
ambient pressure, and (4) a simple variable-area convergant nozzle. The 
convergent nozzle becomes increasingly poor as flight speed increases 
until at Ma= 2.5 net propulsive thrust is only 77 percent of that 
ideally available. The convergent-divergent nozzle indicates less than 
a 5 percent thrust loss at the same flight speed. Unfortunately, 
the mechanical problem of varying the axially symmetric convergent- 
divergent nozzle geometry as required to obtain the indicated performance 
over the Mach number range is difficult. The ejector nozzle and the 
plug nozzle, however, represent practical configurations that can asprox- 
imate the best convergent-divergent nozzle performance with realistic 
geometric variations. Cooling requirements have not been accounted for 
in this figure; only the ejector has potentially a built-in cooling 
system. In the calculations of engine or airplane perf ormance presented 
herein, nozzle performance approximating that of the convergent-divergent 
nozzle was used. 

Research and development are in progress both on the variable inlet 
and on the variable convergent-divergent nozzle. There is no reason to 
believe that sati 
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Combustion Temperatures 

Specific engine weight under any flight condition can be further 
reduced by burning to higher turbine-inlet temperatures than the current 
maximum of about 16ClC" F. Since this effect is intimately related to the 
engine effLciencie8, it is discussed later, in the section on efficiencies. 

Specific weight of the afterburner engine can be decreased if fuels 
can be used that will give higher afterburner combustion temperatures than 
those produced with hydrocarbon fuels. This possibility is discussed Ln 
the section on fuels. 

Engine Efficiencies 

Turbojet-engine efficiency is dependent on the efficiencies of the 
engine coqonentsj on engine cunpressor pressure ratio; on the tempera- 
ture to which fuel is burned in the conibustor and in the afterburner, if 
an afterburner is Used; and on airplane speed and altitude. The effect 
of airplane altitude is secondsry and is not considered here. Effi- 
ciency of the engine can be divided into two major factors: thermal 
efficiency and propulsive efficiency. 

Thermal Efficiency 

Thermal efficiency csn be elrpressed as the ratio of the increase in 
kinetic energy of the gas through the engLne to the chemical energy in 
the fuel used. Thermal efficiency is a function of: (1) over-all pres- 
sure ratio of the engine, which, in turn, is the pr&uct of ram pressure 
ratio in the engine diffuser resulting from the airplane velocity and 
engine compressor pressure ratio; (2) temperature to which the air is 
heated during combustion; (3) whether or not an afterburner is used; and 
(4) efficiency of the engine components. Thermal efficiency is measured 
by recording the data necessary to evaluate the equation: 

9th = 
l/2 warvj2 - l/2 wsrva2 

gJhwa(f/a) 

inwhich 

7th thermal efficiency 

WEir mass rate of air flow through the engine 

V- J jet velocity relative to the sirplane 

(16) 
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va airplane velocity 

d mechanical equivalent of heat 

f/a fuel-air ratio 

Equation (16) neglects the effect of fuel weight. 

Component EEfLckncies 

MACARM 54H23 

a 

The effect on thermal efficiency of certain of the conq?onent effi- 
ciencies is shown in figure 25, in which the efficiency of each component 
is given relative to its design point value, listed as the current value. 
The effects of diffuser and nozzle performance at supersonic speeds are 
represented only to a Umited degree in this figure. In general, it can 
be said that improvementa in the efficiency of any one engine component 
over the maximum values now obtained will not have a major effect on 
engine thermal efficiency, but since the effects of such improvements 
are complementary, small improvements in each sre worth while. Exsmina- 
tion of portions of the curves to the left of the "current values" point 
indicates the importance of obtaining high efficiencies over the whole 
engine operating range. From this standpoint, there is appreciable re- 
search and development to be done, particularly in regard to the diffuser, 
combustor, efterburner, and nozzle. High diffuser, compressor, turbine, 
and nozzle efficiencies over a tide range of conditions become increas- 
ingly harder to maFntain aa airplane maximum flight speedis increased. 
The question of matching these engine parts over the whole range of thrust 
required should be the subject of intensive research and development. 
Combustor and afterburner efficiencies, as pointed out previously, tend 
to decrease as altitude is increased, particularly at the lower airplane 
speeds. 

Effect of Airplane Speed and Turbine-Inlet Temperature 

on Thermal Efficiency 

The effect of engine over-all pressure ratio on thermal efficiency 
can be expressed as: 

(17) 

in which over-all pressure ratio, Pr,e, is the product of ram pressure 
ratio and compressor pressure ratio at the flight condition under con- 
sideration. The effect of &x-plane speed on ram pressure, assuming full 
recovery, is given in 
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TABLE VI. -EFFECT! OF AIRPUNESP~ONFUMPRESSUREFZC!OVERY 

Airplane speed, Full-ram-recovery 
% pressure ratio 

0.5 1.2 
1.0 1.9 
1.5 3.7 
2.0 7.8 
2.5 17.1 
3.0 36.3 

Since both ram pressure ratio and compressor pressure ratio (fig. 22) 
sre function5 of airplane speed, thermal efficiency is ale0 a function of 
airplane speed, as shown in figure 26. Curves are shown for severa 
values of turbine-inlet temperature T4 of anonafterburning engine and 
for one turbine-inlet temperature (E&O0 F) of an 5fterburning engine. 
For the nonsfterburning engine, two sea-level static compressor pressure 
ratios, 6 and 12, 5re used. With the afterburner in use, the effect of 
compressor pressure ratio over the range shown is negligible. The curves 
show essentially three points: (1) For the nonafterburner engines, ther- 
mal efficiency is increased by going to high- turbine-inlet temperatures. 
(2) For the non5fterburner engines, as airplane speed is increased ther- 
mal efficiency passes through a maximum. The speed atwhichthismaximum 
occurs is increased as either turbine-inlet temperature is increased or 
compressor pressure ratio is decreased. (3) Thermal efficiency of the 
afterburner engine is lower than that of the nonafterburner engine, ex- 
cept at airplane speeds materially in excess of that at which the pre- 
viously mentioned maximum occurs. This maximum result5 from the fact 
that as airplane speed is increased, over-all engine compression ratio 
incre55es (at Ma = 2.0 a;nd an altitude of 35,ooO feet to about 30 and 
60, respectively, for compressors of 6 and l2 sea-level static compressor 
ratio) with a resultant increase in compressor-outlet temperatures. For 
a given turbine-inlet temperature, this successively higher compressor- 
outlet temperature permits successively 5rdLler amounts of fuel to be 
burned, with consequent reduction in energy input. Since the quantitative 
losses in the compressor a& the turbine do not decrease, a point is 
reached at which the increasing ratio of these losses to energy input 
become dominant in regard to thermal efficiency. 

In figure 27, the data are replotted using for each flight condition 
the sea-level static pressure ratio that gives optimum thermal efficiency. 
Up to M, = 2.0, the curves are essentially those of figure 27 for the 
pressure ratio of 12. From Ma = 2.0 to Ma = 3.0, the sea-level static 
pressure ratio is decreased from about l2 to a little less than 6. In 
this figure, the relative effects of change in turbine-inlet temperature 
and u8e of an afterburner are clea;rly brought out. 
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Propulsive Efficiency 

Propulsive efficiency of the engine is the ratio of work done per 
unit time on the airplane (that is, engine thrust or sirplane drag times 
the distance flown per unit time) divided by the kinetic energy produced 
in the exhaust gas while the airplane is traveling this distance. Using 
as the distance the distance traveled in unit time, the propulsive effi- 
ciency qp ie given by: 

qP = 
Fva 

l/2 w,vj2 - l/2 2 081 
Wsxva 

In equation (JB), the effect of fuel mass is neglected. 

Since . 

F=wv ( j - 'a> 

rlP = 
2V, 

Vj + y2 

Figure 28 shows the effect of airplane speed on engine propulsive ef- 
ficiency. The curve shows that use of the afterburner affects propulsive 
efficiency, but not nearly as much as airplane speed does. There is also 
a relatively smaller effect due to increasing turbine-inlet temperature. 

Over-ALL Efficiency c 

Over-all efficiency of the engine qe is the product of thermal and 
propulsive efficiencies. Figure 29 shows the effect of flight speed on 
over-all efficiency. 

The values of F/war listed at Ma = 1.8 are the thrust outputs of 
the engines represented in terms of thrust per pound of sir flow through 
the engine. If the engines under consideration all have the same com- 
pressor tip diameters, the specific engine weights at the airplane speed 
Of Max 1.8 sre inversely proportional to-these values-of F/war if 
account is tsken of whether or not the engine has an afterburner. An 
afterburner is considered to add 25 percent to engine weight. The spe- 
cific weights 50 computed, relative to the specific weight of an engine 
operating at current combustion temperatures, are listed in table VII. 

It is noted that up to an airplane speed of Ma = 2.5 increasing the 
turbine-inlet temperature decreases the overall efficiency. This effect 
results from a decreasing propulsive efficiency with increasing turbine- 
inlet temperature. 
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TAB- VII. - RETXPIVE SPEClFIC ENGINE WEIGHTS AT Ma = l-8 

FORDDSXRENTTURBIREL==~ 

AB- T4, TEiJ Relative specific 
?F 9 weight 

Yes I540 
Yes 

~ Yes 
I 2040 
i 2540 

No l.540 
No 2040 
No ~ 2540 

3040 1.00 
3040 .90 
3040 .85 
---- 2.00 
-a -- 1.26 
--w- -96 

Additional d5ta indicative of the effect of turbine-inlet temperature 
onspecificengine weigh-tare 5howninfigure 30. Values ofthrustper 
pound of air 5re given as a function of turbine-inlet temperature and air- 
plane speed. 31 determining figures 29 and 30, avariable inlet anda 
convergent-divergent nozzle (figures 23 and 24) were assumed and the appro- 
priate efficiency ti thrust losses included. 

In the Mar 1.5 to Ma = 2.0 rsnge, if a turbine-inlet tempera- 
ture of 2500° F can be used, specific weight of a nonafterburner engine 
will approximate the specific weight of the afterburner engine using 
current temperatures. For this higher temperature, the nonafterburner 
engine till have an over-all efficiency 50 percent higher but, a5 will 
be shown later, specific area will be increased 20 percent. 

The previous discussion has indicated that turbine-inlet temperature 
of 2000° F or more in engines of contemporary design cannot be assured 
through the use of new turbine blade materials. Turbine cooling at pres- 
ent offers more chance of permitting such temperatures than improved 
materials. In the calculation5 for table VII and figure 30, no allowance 
is made for engine performance losses accompanying the cooling that would 
be required to permit these temperature5 with current turbine materials. 

Cooling as a Means of Permitting Higher Turbine-Inlet Temperatures 

The operation of turbojet engines at the higher turbine-inlet tern- 
peratures will require cooling of 5ome engine components beside the tur- 
bine so that the material temperatures will not exceed that permissible 
for the stresses imposed. These additional p5rts sre the combustion 
chambers, the tailpipe section (including the inner '*bullet"), the after- 
burner shell, and the exhaust nozzle which may include a plug for vefy-Lng 
area and divergence. The air used for cooling (either air bled from the 
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compressor or rsm air) is diverted from the main thermodynamic cycle. 
Heat ia transferred to this air during the cooling process and the cooling 
air is then mixed with the other sir in the jet nozzle and expelled. In P 
some respects, the cycle of a cooled engine is similar to that of a by- 
pass engine. Any loss in engine efficiency caused by air-cooling results 
from pressure losses in the cooling air. 

For the non afterburner engine at any turbine-inlet temperature, tempera- 
ture of the gases at the exhaust nozzle will be lower for the air-cooled ! 
turbojet eng3ne than for the uncooled engine because of the dilution of the . b 
combustion gases by the cooling air. Because of this lower temperature, 
thrust level of the cooled engine will be lower than that of the uncooled 
turbojet engine (about 1 percent for each 1 percent of compressor bleed air). 

Much experimental work has been .and is being conducted, notably at 
the Lewis laboratory of the NACA, on means of cooling turbine nozzle8 and 
blades without using excessive amounts of cooling fluid. The use of li- 
qtid coolant is being worked on but not extensively. Some of the results 
of the research on air cooling, using the blade tme shown in figure 
21, are shown in figure 31. The results in figure 31 are applicable to 
airplane speeds up to Ma = 2.5. At higher speeds, either more cooling 
air is required or there must be intercooling of the cooling air between 
the compressor outlet and the turbine inlet. It is seen that under the 
conditions tested, cooling-air quantities of about 10 percent of the total 
engine air are required to permit turbine-inlet temperatures of 2500' F 
and at the same time maintain the turbine blades at current blade 
temperatures. 

Sufficient knowledge is probably now avsilable to permit design of 
air-cooled turbines and turbine blades suitable for turbine-inlet temper- 
atures of 2000° F. Additional research and development will probably 
provide means of achieving turbine+iLet temperatures of 2500° F at air- 
plane speeds up to Ma = 2.5. 

Besides offering the improved cycle efficiencies associated with 
higher turbine-inlet temperatures, cooling also provides the means of 
permitting increased gas flow capacity through the turbine, as discuseed 
previously in connection with figure 19, and of increasing the permissible 
turbine stresses as discussed in relation to figures 20 to 22. 

- 

Estimates of losses in thrust and efficiency incurred by the necessary 
cooling-air expenditures considering the engine as a whole sre shown in 
figure 32. The data are for an engine-with a sea-level pressure ratio of 
12 to 1, a turbine-inlet temperature of 2040° F, and an sfterburner tem- 
perature of 3040' F. Cooling sir for the afterburner shell Is assumed to 
be supplied at ram pressure, and compressor discharge bleed air is di- 
verted to cool the turbine and the exhaust nozzle plug. The data of fig- 
ure 32 are based ou engine designed to current values of turbine 

i 
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The solid curves represent the calculated performance of the engine 
based on the temperatures specified, but with no diversion of cooling air 
to any of the components; in other words, the high temperature perform- 
ance was assumed to be obtained without any penalty for cooling. The 
dotted curves represent the performance with cooling penalties assessed 
in accordance with the estimated cooling loads that would be imposed on 
the cycle. The loss in thrust per pound of compressor air flow is seen 
to be less than 5 percent in all cases; the loss in over-all engine effi- 
ciency is inconsequential at subsonic velocities, and increases to 4 per- 
cent at Ma= 2.0 and 9 percent at Ma r 3.0. These penalties sre not 
lsxge Fn comparison to the improvements in performance that sre obtained 
with high cycle temperatures at the higher Mach numbers. 

c 

For higher turbine-inlet temperatures (2500' F), the cooling require- 
ments become more severe, and practically all components exposed to the 
combustion gases will require cooling. Experimental investigations con- 
ducted at the Lewis laboratory with various coubustor designs indicate 
that major changes in design will not be required to permit operation at 
turbine-inlet t~eratures up to 2500° F. No experimental information on 
cooling has been obtained at these higher temperatures. Simple convection 
cooling designs with air ducted through an annular section can be used 
for tailpipe cooling of nonsfterburning engines. Ram air can also be 
used aa the cooling medium for most applications. If high temperatures 
at low flight speeds sre desired, coupressor bleed or exhaust ejectors 
will be required. The air quantities required are small, and the heated -- 
cooling air csn be wended through a nozzle to obtsin thrust. 

In considering higher turbine-inlet temperatures, attention must be 
given to the effect of this type of engine operation on cruise (psrt- 
throttle} operation. For an analysis of this effect, an interceptor is 
considered that is designed for combat at 50,000 feet and Ma = 2.0 and 
for cruise at 35,000 feet and Ma = 0.9. It is further assumed that the 
L/D at combat is one-fourth that at cruise; that is, the required combat 
thrust is four times the cruise thrust. These values are representative 
of current interceptor design (see fig. 10). 

Two engines are considered: one operating under current conditions, 
that is 1540' F turbine-inlet temperature and 3040° F afterburner tempera- 
ture; the second, a nonafterburner engine with a turbine-inlet tempera- 
ture of2540°F. At the cruise altitude and Mach number and at various 
engine throttle settings, the ratio of available cruise thrust to full 
throttle thrust at the combat flight condition is coquted. The results 
are shown in figure 33. In these data, the turbine cooling losses have 
been included. With the afterburner engine, afterburner control from 
zero augmentation to full augmentation is assumed. The data show cruise 
efficiency of the high turbine-inlet temperature nonafterburner engine to 
be about one-tenth less than that of the sfterburner engine. The high 
engine efficiency of the nonafterburner engine at full throttle is again 
emphasized. 
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Additional estimates on the effects of higher turbine-inlet tempera- 
tures sre presented in table VIII. The data apply-to the two engines 
considered in figure 33 and an titerburner engine with a turbine-inlet 
temperature of 2540° F and an afterburner temperature of 30400 F. Esti- 
mated values of engine efficiency, specific weight and relative frontal 
area at two flight conditions are presented. The table again shows that 
high turbine-inlet temperature decreases en@ne frontal area snd specific 
weight of the afterburner engines. It also shows the increase in frontal 
area for a given thrust that accompanies use of high turbine-inlet tem- 
peratures without an afterburner. 

Because of the appsrent improvements in engine performance obttin- 
able through use of turbine coo-, additional detailed research and 
development ie required on problems associated with other engine components 
that are posed by its use. Additional development effort ie also needed 
on the problems presented in using turbine--co.o.liElg to.assi.6-t in achieving 
the three objectives discussed in relation to it: (1) greater gas flow 
rates through the turbine, (2) higher turbine rotational speeds, and (3) 
higher turbine-inlet temperatures. 

T 

- 7: 

TABLE VIII. -EFFECTOFAFTERBURRERANDTURB~-IJYLET 

TEMPERATUREOBPERFORMANCE 
- 

Flight condition SLS Pressure ratio, 12 SLS Freesure I 

Engine 

M, 2.0 qej p=cent 
50,000 ft Rel. sp. eng. w-t 
Combat thrust Rel. area 

Ma O-9 
35,000 ft 7eY p-=nt 
$ Combat thrust 

ratio, 6 

0) (2) (3) 
AB. AB. 

No AB k' g' (3) 
. . No AB. 

24 30 42 24 28 36 
1.00 0.84 1.04 0.98 0.91 1.04 
1.00 .84 1.22 .98 .92 1.22 

23* ,120* 1 211X3* I" 1 17 

1 (1) AB. I(2) AB. l(3) No AB 

l 

Engine temperatures Turbine inlet 1540 2540 2540 
at combat, "F Afterburner 3040 3040 ---- 

- 
*Afterburner off. 

. 
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Fuel Heat of Combustion and Maximum Combustion Temperatures 

An increase in fuel heat of combustion gives a directly proportional 
increase in range (eqe. (3) or (4)). Increasing the co&u&ion tempera- 
ture increases thrust per pound of air and therefore decreases specific 
weight of the engine; or, as generally considered, increases thrust out- 
put of a given engine. 

Heat of Combustion 

The determination of those fuels which will produce chemical heats of 
combustion higher than those obtained with conventional hydrocarbon jet 
fuels can best be made by plotting the atomic number of the elements 
against the heats of combustion of the elements, f%gure 34. The expected 
periodic vsriation in such a plot of a chemical property is obtained. 
For reference, the approximate heat of combustion for the current hydro- 
carbon fuels (D-4), 18,500 Btu per pound, Ls included. The data show 
that the elements of interest with respect to high heat of combustion, 
in addition to hydrogen and csrbon, sre lithium, beryllium, and boron. 
The heat of combustion of lithium is not sufficiently higher than that of 
carbon to make lithium of much interest. Beryllium will not be considered 
because of its scarcity and extreme toxicity. In addition to hydrogen and 
the hydrocsrbons, then, boron and the hydrides of boron are the fuels on 
which emphasis should be placed. Two boron hydrides, diborane (B2HS), and 
pentaborane (B5Hg), have been under investigation for some time. Under 
normal atmospheric conditions diborane is a gas and therefore poses the 
inherent difficulties associated with the use of a gaseous fuel. Penta- 
borane, a liquid of about 15 percent lower density than the 11quid hydro- 
carbon fuels, has, as indicated, a heat of combustion about 1.5 times 
that of hydrocarbons. Pentaborane, therefore, offers a potential range 
increase of about 50 percent. The disadvantages of the fuel are that it 
is dangerously toxic, it is unstable, it has solid combustion products, 
and it is expensive to manufacture. 

Under the auspices of the Bureau of Aeronautics, United States Navy, 
an investigation is under way to determine to what extent a fuel of 
satisfactory properties, but tith a heat of combustion approaching that of 
pentaborsne can be synthesized from the elements hydrogen, boron, and 
carbon. The ternary chart in figure 35 shows the effect of the relative 
proportions of these three elements on the heat of combustion of such a 
fuel. The calculated lines of constsnt heat of combustion shown in the 
chsrt, together with the measured values for diborane and pentaborane, 
were obtained from reference 9; the value for acetylene was obtsined from 
the National Bureau of Standards; other measured values were suppli& by 
the Mathieeon Chemical Corporation. The calculated lines show the gen- 
era1 trend of varying ercentage composition on heat 09 cozibustion, 
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but the values given by the lines do not necessarily apply to each of the 
imlividual compound& listed; for example, acetylene. 

e 
Research has shown that adding hydrocarbon constituents to the 

boron-hydrides does much to reduce cost and ierove handling qualities 
of the fuel by decreasingtoxicity. The chart (fig. 35) shows that cer- 
tain such fuels,.decaborane-ethylene for instance;have heats of combus- 
tion about 1.4 times that of current jet fuel. In addition, these com- 
ponents have better physical properties and less toxicity than does 
pentaborane. : -. 

--g 
-en 

Whenaboron fuel is burnedinthe primary combustor of anunmodi- 
fied turbojet engine; solid combustion products (b&on oxides) are formed 
ahead of the turbine; these products tend to deposit to a prohibitive 
extent in the combustion chamber and on the turbine nozzles and blades. 
Elimination of this problem will not be easy, but progress is being 
made. 

m .- 

_ .- 

Use of-a borane fuel in sn sfterburner with a conventional hydrocarbon 
fuel in the primsry combustore would, at Ma = 2.0, give about a 25 to 3C 
percent effective heat of combustion increase over that using D-4 in the 
afterburner and therefore range increase 25 to 30 percent. Another ad- . . 
vantage of the boron-hydride fuel is that its combustion efficiency is .- depreciated less by increase in altitude than is that of hydrocarbon fuel. 
The extent to which combustion efficiency of hydrogen-boron-carbon fuel 
will be sffected by altitude is not known. i. 

Maximum Combustion Temperatures 

The elements that should be considered as fuels that burn to higher 
temperatures and thus proauce additional thrust augmentation are indicated -. 
in figure 34. Aluminum or magnesium give appreciably higher combustion 
temperatures than do the hydrocarbons. Silicon ti phosphorus should have 
about the same values as aluminum and magnesium. Boron shows some improve- 
ment over the hydrocarbons. It is questionable that other elements are 
of interest, because of the generally lower heats of combustion at atomic 
numbers above that of phosphorus. 

Both magnesium and aluminum have appreciably lower heats of combue- 
tion than do the hydrocarbons although their combustion temperatures are 
higher. This fact means that their high combustion temperatures are ob- 
tained at the expense of high fuel-air ratios and therefore high specific 
fuel consumptiona (that is, lower values of hve even though qe remains 
high) - 

. 
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The relation between combustion temperature and thrust is given by 
the equatione: 

F = war [Cl + f/a> vj - v&] 

in which 

F thrust 

w&r weight flow of air per unit time 

f/a fuel-air ratio 

ya sirplane velocity 

vJ jet velocity 

and. 

vj = K 

in which 

K a constant 

c T combustion temperature 

(22) 

m everage molecular weight of exheust products 

P r?x expansion ratio of gases 

Augmentation valuee computed for the fuels of interest are shown in 
table M. The special fuels are assumed to be used in the afterburner 
only, with JP-4 being med in the combustor. The data ahow that eubsti- 
tution of other fuels for Jp-4 in the afterburner of a turbojet engine 
may produce theoretical increase8 in augmentation of up to 40 percent. 
Research on powdered magnesium slurries in JP-4 in! being conducted wLth 
considerable success. Over-all fuel conswtion rate would be about the 
same for a 40-percent augmentation ratio, whether the augmentation is 
obttined by use of magnesium as a supplementary fuel or by use of aux- 
iliery rockets. 
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YlzABm lx. -EFFEcTOFAFTERRURNEBFURLONFELATJXE 

1 
C 
B 
E 
E 
A 
M 

TURE0JETAUGMENTATIOZT, AIKPLARE SPEXD 

%= 0 TO M,=l.O 

Fuel 1 Thrust ratio, ) Afterburner 
Augthrust combustion, 

Aug thr"Btc8q6 T59 
"9"" 

1.00 
1.04 
l.ll 
1.09 
1.27 
1.42 

3700 
3700 
4600 
4300 
5200 
6000 

*Representative of n-4. 
MAseuming stoichiometric mixture. 

FUEL AVAILABILITY 

efc, 
lb fuel-hr/ 

lb thrust 

2.1 
1.2 
2.7 
2.1 
5.3 
6.3 

The availabilfty of turbojet fuel is determined by the amount of the 
crude products that are available, the percentage of the producte that 
can be allotted to production of turbojet fuel, the cost in men and mate- 
rials of the refining or manufacturing process, and the limits on quan- 
tity of the finished products imposed by the fuel specification. 

. 

In rege.rd to the special fuels mentioned, the availability of boron 
is probably sufficient fez specialized uBe. Based on present knowledge, 
the cost of manufacturing a hydrogen-boron-carbon fuel is high and may be 
the controlling factor in determining the extent of its use. kgnesium 
is sufficiently plentiful for magnesium slurry in petroleum fuel. Cost 
of the powder in quantity production will probably be about$0.50 a 
pound. .- 

Figure 36 shows the availability of petroleum fuel, currently Jp-3 
and n-4, in relation to the respective fuel specifications. The fig- 
ures are based on the finished product in relation to the total of crude .. "_ 
oil available and do not consider the many other uses for which the 

. 
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components of Jp-3 and Jp-4 might be required in event of an all-out emer- 
gency. Total crude oil available, in case of an all-out national emer- 
@;ency, is estimated to be 8 million bsrrels a day. The extent to which 
the amount of turbojet engine fuel available may be decreased by more 
restrictive specifications is indicated in the comparison of the figures 
for Jp-4 with those for m-3. Current thinking is that such a decrease 
in fuel availability is advisable in order to increase fuel quality with 
consequent lessen- of engine maintenance. Successively higher flight 
speeds at high altitudes, with the accompanying higher temperatures to 
which fuel in the airplane will be subjected, will require further elimi- 
nation of the lower boiling temperature (gasoline) constituents and will 
thus further decrease quantity available. 

Because of the other fuel requirements, all the fuel indicated fn 
the turbojet fuel barrel will not be available. Estimates are that 25 
percent of the total crude, that is, 2 million barrels per day of jet 
fuel, will be allowable. Assuming an average engine efficiency of 20 
percent, 2.0X106 bsrrels of Jp-4 a day would provide 3X10" pound thrust- 
miles a day. Assuming, for example, anaverage airplaneweight of 50,000 
pounds and an average airplane L/D of 10, this fuel quantity represents 
6~10~ airplane-miles a day. 

UJBsiICATION 

Provision of adequate 1ubrFcation for the turbojet engine at high 
flight speeds presents problems that will be solved only through intensive 
research and development. At Mach 2.0, the stagnation temperature (WA 
standard d&y) is 240° F; s.t Mach 2.5, 400' F; and s.t &ch 3.0, 600' F. 
The magnitude of the lubrication temperature problem will depend upon the 
duration of high-speed flight time. If this time is long enough that the 
temperature of the aircraft approaches the stagnation temperature, the 
problem is severe. 

It becomes apparent that unless mechanical refrigeration is used 
lubricants and bearings must be developed to withstand higher tempera- 
tures. Table X shows bulk lubricant and besrfng temperatures based on 
assumptions that bulk lubricant temperature is 500 F higher than stagna- 
tion temperature and bearing temperature is 150° F higher. 
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TABLE X. - DTIMATE%EE??ECT OF AJRCRD'T SPEED ON BULK 

LUBRICANTANDBEARINGTEMPER- 

Mach no. (4 Bulk lubricant Maximumbear- 
4 temperature, ing temperature, 

0-F OF 

2.0 293 390 
2.5 450 550 
3.0 6.50 750 

Cd Sustained flight above 35,000 feet. 

The presently used bearing material, Sm 52100 steel, is limited to highly 
loaded bearing applications below 350' F. Above this temperature, two 
chenges take place that make it unsuitable. Structur~~l changes take place 
that cause permanent dimensional Lncreases, and the material softens.. 
Proper heat treatment can raise-the dimensional stability limit of SAE 
52100 to 4CO" F; the material will, however, be softer than is desirable. 
Tool steels have sufficient herdness and dimension+ stability up to 
SOO" F; to date, however, there are insufficient data available to tell 
if they will have satisfactory fatigue life. 

- 

-- 

Friction between steel and the material currently used for bearin@: 
cages, iron-silicon-bronze, is almost constant up to 600' F. Ae tempers,- 
ture is increased above that value, friction increases considerably. Use 
of other materials, such as nodulsr iron or certain of the nickel alloys, 
whose coefficient of.friction decreases tith increase in temperature, 
will postibly alleviate this problem. Past difficulties with cages at 
moderate temperatures indicate that development of adequate csgee for high 
temperatures till requke substantial effort. 

Provision of a lubricant that will operate satisfactorily at the 
higher temperatures also appears difficult. Present synthetic fluids, 
such as the diesters, sre adequate for bearing temperatures up to 500° F, 
if bulk lubricant temperature does not exceed 350' F. If a closed system 
is used that limits the amount of oxygen that may contact the lubricant, 
allowable bulk lubricant temperature may be increased to 500° F. For 
bearing temperatures above 500° F, it seems probable that solid or gaseous 
lubricants will be required. 

CRITICALMA?EiRIALS 

The section on engine efficiencies discussed the development of 
engine materials to tithstand higher turbine-inlet temperatures. This 

T 

. * 
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section discusses the avtilability of materials in relation to turbojet 
engine construction. The materials whose availability may limit the 
aircraft-engine production sre the elements cobalt, columbium, chromium, 
nickel, molybdenum, and tungsten. For current engine usage, titanium 
is not limiting. This situation can change markedly with decreased 
titanium production costs and consequent increased demands. 

Figure 37 shows the way in which each of these Smiting or critical 
materfals is distributed among the major components of turbojet engines. 
The values sre averaged from data for the engines produced in the United 
States. Cobalt, columbium, molybdenum, and tungsten sre used only in the 
turbine and afterburner, but chromium and nickel are distributed fairly 
uniformly among all the components. The totsl weight of these critical 
materials is generally about 17 percent of the gross engine weight for 
either nonafterburner or afterburner engines. 

In unpublished data, W. H. Woodward of the NACA staff has shown 
(fig. 38) that for the J-33, J-34, J-35, J-40, J-42, J-47, and J-48 
engines (represented by Hdiammds") the distribution of the critical mate- 
rials csn be conveniently shown in graphical form. In each case, the 
amount of each critical material, or group of materials, is given as a 
percent of the total weight in the engine of sLl the materials listed in 
the figure. For these earlier turbojet engines, columbium and cobalt 
were the metals that would limit engine production in case of a national 
emergency (ref. So). The data represented by the three squares sxe for 
more recent engines, in which the msnufacturers have used but Little cobalt 
and columbium. To the extent that these three points represent current 
design procedures, they show that cobalt and columbium can be reduced to 
2 percent or less of the total critical material. They also indicate 
that as the ratio of nickel to chromium is increased, the cobalt- 
columbium-tantalum percentage and the molybdenum-tungsten percentage 
decrease. 

The + symbol in figure 38 indicates the target for the average 
distribution of the materials, considering all engines produced, set in 
1952 by the then existing Munitions Board (ref. 10). This analysis 
sllowed for use of these critical materials up to 10 percent of the total 
engine weight; compared to the current value of 17 percent. 

Nickel snd chromium are currently believed to be the materials that 
would limit production of aircraft turbojet engines fn an all-out national 
emergency. Chances sre slight that the amounts of these materials that 
can be mined within the United States and adjacent territories will in- 
crease beyond present estimates. The data presenting the relative values 
of requirements snd avaLlability were assembled in 1952 (ref. 10). 

virgin chromi 
the amounts of v-gin nickel and 

the estimatedtotal amounts 
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available for turbojet engine production sre tabulated. The amounts 
available are based on conditions of maximum permissible availability 
from North America and'the adjacent islands and include such stockpiling 
as was then plasned. Under current practice, the amount of virgin tickel 
or chromium required to build an engine is roughly four times the amount 
that remains in the finished engine. As shown in the second part of the 
table, it is estimated that with rigid scrap and discarded parts control 
this ratio could-be decreased to about2 to 1, with a corresponding in- 
crease in the number of engines produced. The 5000-pound engine used as 
an example would give a sea-level static militsry rated thrust of 11,000 
to l5,OOO pounds; ..- -. -.. amroxi-matel# that bf current engines... 

0 -- QJZ 
ka 

TABLE XI. - ESTIMATED ENGINF PRODUCTION AS LIMlTED By NICKEL AND CHROMIUM 

Virgin metal available/year 
(5 yr period) lbs 

Nickel chromium 

lo&Lo6 190x106 

Under current practice 

Virgin metal required/engine, 
percent engine weight 30 38 

Losses:- 
Mill and melt, percent engine 

weight 6 7 
Fabrication, percent engine 

weight 17 22 
Virgin metal in finished engine, 

percent engine weight 7 9 
No. 5000-lb engines/year 70,000 100,000 

With rigid scrap and ascarded parts control 

Virgin metal required/engine, 
percent engine weight 15 19 

Losses : 
Mill and melt, percent e&ne 

weight 5 6 
Fabrication, percent engine 

weight 3 4 
Virgin metal in finished engine, 

percent engine weight 7 9 
No. 5000-lb engines/year 140,oOO 200,000 

.- 

- -- 
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The practicability of considering other elements as replacements 
for the six elements listed as critical materials can be evaluated from 
a consideration of a plot of melting temperature against atomic nuniber 
for the various elements, together with information on the availability 
of the elements. These data are given in figure 39. AgaIn, the periodic 
variation of the property under exau&nation is noted. The relative abun- 
dance figures indicated by the symbol code represent current world pro- 
duction, and the values at the plotted points (from ref. ll) indicate 
the percentage of current world production of the material that is mined 
in North America and the adjacent islands. For a material to be con- 
sidered for more than 5 percent use in the complete turbojet engine, the 
relative abundance figure should be 15 to 50, or greater, and the per- 
centage mined In North America 10 percent or greater. 

Metals are required that have a meltUg temperature equal to or 
above that of the nickel-cobalt-chromium group and sre about as avaKLable 
as these metals. The only higher melting elements that are sufficiently 
available to warrant consideration are molybdenum and tungsten. Alloys 
containing these materials have and sre being worked on. The strengths 
of tungsten alloys have.60 far been disappointingly low. The molybdenum 
alloys appear more favorable; but unless means of reducing their oxida- 
tion are found, their satisfactory use cannot be assured. There are 
only two additional elements that have melt- temperatures in the range 
of those of nickel, cobalt, and chromium: vanadium and titanium. De- 
velopment has been csrried out on vanadium alloys, but so far the brit- 
tleness of high-temperature vanadium alloys has not been eltited. 
Work on this metal is continuing. Although research on titanium is 
proceeding, its characteristics as a major constituent of high- 
temperature alloys are still unknown. 

The data in figure 39 indicate that further relief in the critical 
material situation through substitution of materids cannot be assured. 

Cermets (mixtures of ceramics and metals) and intermetallics sre 
being investigated as materials for turbine blades. Work fs being done 
to obtain turbine blades that ~211 permit turbine-inlet temperatures of 
2000' F or higher, but success is far from certain. 

If figures presented in table XI do not show a sufficient nun&er of 
pounds of aircraft engines under national emergency conditions, a reex- 
amination of the materfals sftuatfon is in arder. 

CONCLUSIONS 

Airplane Performance 

The results of 
with weight distrib 

ave shown that for combat airplanes 
mtly in use, airplane 

performance is affected by the major- 
follows: 

sine variables as 
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1. Except as tirplane take-off or landing runs is limited or as 
range is of secondary importance , gross weight of the airplane at tske- 
off is largely determined by military load. In general, a gross weight of 
12 to 14 times the military load gives a reasonable compromise between 
range snd gross weight. 

2. The range of each class of airplane (that is, fighter, bomber, 
etc.) is for the most part, determined by heat of combustion of the fuel, 
efficiency of the sngine, and lift-drag ratio of the airplane. Range 
will be increased directly as each of these variables is increased. 

3. Where gross weight is limited by take-off or landing faciLLti.es, 
increase in airplane lift-drsg ratio is the most effective means of per- 
mitting the required range, altitude, and speed to be maintained with 
continually increasing military load. For the bomber, increase in fuel 
heat of combustion or in engine efficiency, or decrease in specific 
airframe weight* are equally effective, although these changee are some- 
what lees effective than increase in airplane lift-drag ratio; decrease 
in specific engine weight* is least effective. 
in specific airframe weight* 

With the fighter, decrease 
is almost as effective as increase in lift- 

drag ratio; next in order of effectiveness is decrease in-specific engine 
weight*, and least effective is increase in the heat of combustion of the 
fuel or in efficiency of the engine. 

4. The most effective method of increasing permissible airplane 
altitude, assuming the Il.2 to 14 ratio between gross weight snd military 
load is to decrease engine specific weight or to increase airplane LFft- 
drag ratio. In either case, a Lo-percent Improvement results in a 2500 
to 3000-foot increase In airplane ceiling. E the atrplane weight dis- 
tribution is not changed, a given increase in lift-drag ratio will at 
the same time result in a proportional increase Fn range. 

5. Attainment of militsry airplane speeds greater than Mach 2.0 till 
for ,the most part be dependent at high altitudes on solution of the 
prohlems imposed by the high stagnation teu@eratures. The heating prob- 
lems are probably equally div%ded between the airframe, the propulsion 
system, and the military load. At low altitudes, ~such speeds will be 
dependent on the rate=at_whLch higher engine pre.ssn?e loads can be tol-. 
erated without increasing engine weight. 

6. The size engines reqtired, as defined by sea level military rated 
thrust, is dependent on (1) that flight condition which requires the high- 
est value of the product of the ratio of thrust to airplane-gross weight, 
and ratio of thrust available at sea level to thrust available under this 
condition, and (2) the number of engines in the airplane. As combat alti- 
tude is increased,-the required sea-level static military rated thrust for 
a given gross weight aIrplane is increased. With current fighter airplane 

*Assuming the de 
weight. 

0 of fuel to gross 
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weight distributions and lift-drag ratios, for a combat altitude of about 
60,000 feet at Ma = 2.0, the available take-off thrust will. exceed the 
airplane gross weLght at take-off. For current military loads, such 
fighters will require multiple engines or single en&nes delivering h ex- 
cess of 20,000 pounds military rated sea-level static thrust. These high- 
altitude thrust demands will require that specffic engine weight at take- 
off be about two-thirds current value. As research results in improvements 
in aerodynamic compressor performance at high airplane speeds and improve 
combat lift-drag ratio, engine she demands will lessen. 

Propulsion system 

The turbojet engine data analyzed in the report have indfcated that 
the three major propulsion-system variables (specific engine weight, 
engine efficiency, and fuel heat of combustion) can be foreseeably im- 
proved as follows. 

Engine Specific Weight 

1. Specific engine weight will be decreased ta about two-thirds the 
current value through improvements in the air-handling ability of engines. 
This decrease will apply through the whole flight range and will be ac- 
companied by an equal decrease in specific engine area. 

2. Further marked decreases in specific engine weight will be re- 
alized through improvements in mechanf.cal design knowledge that allow 
less metalto be used in a given size engine. This phase of turbojet 
engine development is being emphasized heavily. 

3. Specific engine weight and specific engine area at airplane alti- 
tudes in excess of 35,000 feet and at airplane speeds in excess of 
M, = 1.3 can be decreased appreciably. TP engine speed can be increased 
to bring the compressor to rated peripheral Mach number, the decrease 
will be 20 percent or more at Ma = 2.0 and 35 percent or more at 
M, = 2.5. The increase in engine speed will require turbine cooling and 
strengthening of the compressor. The speed increases for the weight 
decreases given sre 16 percent at Ma = 2.0 and 30 percent at Ma = 2.5. 

4. As airplane speed is tiereased above Ma = 1.3, performance of 
the inlet air diffuser and of the exhaust nozzle become increasingly 
important in relation to specific engine weight. Variable-geometry and 
variable-mea inlets and variable-area convergent-divergent exhaust noz- 
zles sre required. The general principles involved Ln the design of 
these devices have been the subject of much continuing research and 
development. Simple and reliable mechanical designs are required. 
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5. For short bursts of high thrust (that is, momentary decrease in 
specific engine weight) petroleum fuels containing magnesium slurries 
can be used. By using such fuel, a 40-percent ticrease in thrust-may be 
obtained. This increase is accompanied tith a trebling of specific fuel 
consumption and an increase of several hundred degrees in sfterburner 
temperature. With respect to fuel consumption, rockets are a competitive 
means of supplying this augmentation. 

Engine Efficiency 

1. Turbojet engine efficiency may be increased about a qusrter-fold 
through improvements in component design, but the rate of improvement 
will be relatively slow. 

2. With afterburner engines, increasing turbine-inlet temperature 
to 2CCO" or 2500° F will give about a lo-percent or somewhat greater 
increase in engin.effZi.ciency. This increase is accompanid by a some- 
what lower decrease (depending on the quantfty of cooling sLr required) 
in specific engine weight and frontal area. Turbine-inlet temperatures 
of 2000° F are probably PeasLble now, through use of turbine cooling. 
Temperatures of 2500° F appear possible through additional research and 
development. 

3. If turbine-inlet temperature6 of 2500° F can be achieved, specific 
weight of an nonafterburner engine ti the Ma = 1.5 to k= 2.0 region f 
will equal specific weight of an afterburner engine using current tem- 
peratures. The nonaPterburn.er engine will have an efficiency 50 percent 
greater, but its specific frontal area will be 20 percent greater. I 

Fuel Heat of Combustion 

1. Heat of combustion of the fuel can be increased up to 50 percent 
through use of boron-hydride fuels. The major problems to be overcome 
in the production and use of such fuels are (a) they are generally ex- 
tremely toxic and are otherwise dangerous to handle, (b) they are expen- 
sive to manufacture, and (c) boric oxides In the combustion products may 
form solid deposits which tend to adhere to the engine parts. All three 
problems are being worked on extensively. It appears that a fuel con- 
sisting of hydroborons in chemical combination with hydrocarbons will 
greatly lessen the toxicity and general handling problem and provide 
a 40-percent heat of combustion increase over current hydrocarbon fuel. 
The cost of these fuels may determine the extent of their use. 
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2. Current petroleum fuel resources will allow for aircraft opera- 

tion to a value of about 3x1@ pound thrust miles a day, under naAiOnd 
emergency conditions. This number includes turboprops and ram-jets as 
well as turbojets. 

Materials 

Progress in regsrd to the materials of which the turbojet engine is 
made ie as follows: 

Columbium and cobalt have been delet& from the eng%ne to the extent 
that production of these two elements no longer limits production oP air- 
craft engines. 

In case of an .&l-out emergency, nickel and chromium till probably 
1-t the rate of turbojet engine production. Current estimates sre that 
in case of an s.lJ out emergency present methods could produce 70,CCKI to 
100,000 engines per year over a 5-year period. There is little reason 
to expect that use of new materials will permit this figure to be in- 
creased. More adequate scrap control, however, might double this limit. 

Current progress on the development of turbine-blade materials that 
will stand increases of more than 2oO" F in the turbine-inlet temperature 
is slow, and successful solutions cannot be assured; However, an increase 
of as much as lCO" F in permissible material temperature will have impor- 
tant affects in increasing engine reliability, or in permitting higher 
engine stresses. 

Lubrication 

Provision of adequate lubrication for turbojet engines at stagnation 
temperatures occurring at speeds in excess of Ma =L 2.0 is one of the 
major difficulties to be overcome if such flights sre to be feasible for 
other than short bursts. Methods of providing this lubrication are not 
now appsrent. 
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AFTENDM - SYMBOLS 

The following symbols are used in this report: 

area 

afterburner 

constant 

drag 

diameter 

thrust 

function 

fuel-air ratio 

acceleration of gravity 

heat of combustion 

mechanical equivalent 

constant 

of heat 
. 

. 

Mach nuxiber I. .I - . . -._ ----- -_- ., ..: r-_ i.- -- 

average molecular weight of exhaust proticts 

comjjressor r&volutions per-u&t time 

total pressure 

pressure ratio 

static pressure 

range 

gas constant for air 

sea-level statk 

specific Are1 

total (stag& 

static temperature 

-. 

.3 

.- 

l 
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V velocity 

W weight 

W mass-flow rate 

AP pressure differential 

Y ratio of specific heats 

q efficiency 

P density 

SCLbscripts: 

a 

SbS 

83 

silt 

ax 

8V 

8x 

C 

C 

e 

-43 

f 

g 

s 

m 

max 

II 

airplane 

absolute 

airframe 

altitude 

air 

available at the flight condition 

axial 

cruhe 

compressor 

engine, installed power plant 

engine as sup-&Led by manufacturer 

fuel 

gross 

Jet 

mllitsry 

msximumpe 

annular 
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Fnitial flight conditions 

propulsive 

peripheral 

ratio 

sea level 

take-off 

thermal 

expansion 

free-stream 

diffuser inlet 

compressor inlet 

compressor outlet 

turbine inlet 

afterburner 

nozzle exit 
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Figure 1. - Effect of cruise fuel quantity on raaius of action. 
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Figure 6. - Representative 6upersoniC lnterCept0r flight plan. 
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Figure 9. - Xffect of airplane variable6 on fighter groee weight for Cormtcsnt range. 
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Figure 14. - Diagramstic sketch of turbojet engine. 
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Figure 16. - Relaeion between canpmssm tip diameter and engine weight. 
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Figure 17. - Effect of engine thrust on specific engiLl- weight. 
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FQure 22. - Effect of airplane speed at altltudee above 35,WO feet, at rated engine speed, 
on compressor perfmnce. 
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Figure 23. - Xffect of fixed and varleble inlet dLfYtmers on net thrust. 
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Figure 25. - Effect af component 8fficiencise on over-all engine efficiency. 
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Ffgure 33. - Effect of afterburner and turbine-inlet temperature on engine efficiency at 
crllise condition. 
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Figure 36. - Heat 12 cofrbuetfm versus percent hydrogen, carbon, and boron. 
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Figure 38. - Ratio of strstegic element8 on finiehed weight basis In turbojet engines. 

. 8 16 24 32 40 46 56 64 72 80 
ATOMIC NUMBER 

CS -8776 

c 

. 



NACARM54H23 

Engines, Turbojet 

Fuels - Turbine Engines 

Conibustion - Turbine Engines 

Conprressors - Mixed Flow 

3.1.3 

3.4.3.2 

3.5.2.2 

3.6.1.3 

g Rothrock, Addison M. 
EJ 

TURBOJET PROPULSION-SYSTm RFSEXRCH AND THE -TlJYG 
EFFECTS ON AIRPUNEPERFORMANCE 

Abstract 

Airplane performance is analyzed to relate the effects of variations 
in airplane weight distribution, lift-drag ratio, engine efficiency, spe- 
cific weight, temperature limitations, and fuel heat of combustion. 
Possible improvements in turbojet propulsion systems are discussed in 
connection with research information available in these meas. Fuel 
availability and the relation of critical materials to over-all engine 
production is discussed. 
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